
NASA-CR-19TI66

PROJECT GENESIS: NASw-4435

MARS IN SITU PROPELLANT
TECHNOLOGY DEMONSTRATOR MISSION

FINAL REPORT

NASA/USRA Advanced Design Program

/A/ -,_ _'c./_..--

7 .

\
\

,%
\

University of Washington
Department of Aeronautics and Astronautics

, Seattle, Washington 98195

July 31,1994

¢M
tM

Lt_

i ,-- ,0

0', C 0
Z :) 0

,, )-
_CD_

u1.JO
WO _
ZZ¢)
u_ nr a_

wp.-

cu l..-., 0

_'_J_
_-JO

UJW_.

_ j--O r-

I _tl < _j

# _--,¢x_-,,

rr%



PROJECT GENESIS:
MARS IN SITU TECHNOLOGY

DEMONSTRATOR MISSION

FINAL REPORT

Space Systems Design, AA 420/421
NASA/USRA Advanced Design Program

Francisco Garcia Acosta
Scott Anderson
Jason Andrews

Matt Deger
Matt Hedman

Prepared By

Jared Kipp
Takahisa Kobayashi
Mohrli Marcelo
Karen Mark
Mark Matheson

Daniel Pasco

Norihito Tsuji
Igor Turek
Chris Wilman

Keith Yang

Instructor: Prof. Adam P. Bruckner

Teaching Assistant: Brian Thill

University of Washington
Department of Aeronautics and Astronautics

Seattle, Washington 98195

July 31, 1994

PII_O#t_ PAGE BLAND( NOT FILM,.O,_"

'P,%_.___ ,_._, ,



ABSTRACT

Project Genesis is a low cost, near-term, unmanned Mars mission, whose primary

purpose is to demonstrate in situ resource utilization (ISRU) technology. The essence of the

mission is to use indigenously produced fuel and oxidizer to propel a ballistic hopper. The Mars

Landing Vehicle/Hopper (MLVH) has an Earth launch mass of 625 kg and is launched aboard a

Delta II 7925 launch vehicle into a conjunction-class transfer orbit to Mars. Upon reaching its

target, the vehicle performs an aerocapture maneuver and enters an elliptical orbit about Mat's.

Equipped with a ground penetrating radar, the MLVH searches for subsurface water ice deposits

while in orbit for several weeks. A deorbit burn is then performed to bring the MLVH into the

Martian atmosphere for landing. Following aerobraking and parachute deployment, the vehicle

retrofires to a soft landing on Mars. Once on the surface, the MLVH begins to acquire scientific

data and to manufacture methane and oxygen via the Sabatier process. This results in a fuel-rich

O2/CH4 mass ratio of 2, which yields a sufficiently high specific impulse (335 sec) that no

additional oxygen need be manufactured, thus greatly simplifying the design of the propellant

production plant. During a period of 153 days the MLVH produces and stores enough fuel and

oxidizer to make a 30 km ballistic hop to a different site of scientific interest. At this new

location the MLVH resumes collecting surface and atmospheric data with the onboard

instrumentation. Thus, the MLVH is able to provide a wealth of scientific data which would

otherwise require two separate missions or separate vehicles, while proving a new and valuable

technology that will facilitate future unmanned and manned exploration of Mars. Total mission

cost, including the Delta launch vehicle, is estimated to be $200 million.
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PREFACE

During the 10 years of the existence of the NASMUSRA Advanced Design Program,

participating students in the Department of Aeronautics and Astronautics at the University of

Washington have carried out innovative design studies related to the critical needs of space

prime power, propulsion, and transportation, most based on ongoing research in our Department.

Since the 1991-92 academic year we have directed our attention to the issue of in situ resource

utilization on Mars. In situ resource utilization (ISRU) is a concept wherein indigenous

materials at the site of an interplanetary mission are used to produce rocket propellants for the

flight back to Earth or local travel, thus obviating the need to import all the mission propellants

from Earth. The use of extraterrestrial resources on Mars was first proposed by Robert Ash,

Giulio Varsi, and James French at JPL in 1978, and was subsequently also studied by Kumar

Ramohalli and co-workers at the University of Arizona. More recently, ISRU has been strongly

advocated and further developed by Robert Zubrin and his colleagues at Martin Marietta, by

Diane Linne et al at NASA Lewis Research Center, and by a group headed by David Kaplan at

the Johnson Space Center. On Mars, ISRU is accomplished by using the carbon dioxide in the

Martian atmosphere as the basic feedstock of the propellant production process. ISRU can

dramatically reduce the Earth launch mass of a Mars mission, greatly lowering the mission cost,

and thus making manned exploration of Mars much more feasible.

At the University of Washington we initially focused on missions which produce

methane and oxygen from the reaction of carbon dioxide from the Martian atmosphere with seed

hydrogen brought from Earth, but later also examined the alternative of producing carbon

monoxide and oxygen directly from the atmosphere, without recourse to any feedstock gases

brought from Earth. We found that with either scenario in situ resource utilization offers striking

benefits compared to conventional mission scenarios. For example, in our 1992-93 study we
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were able to show that i,1 a sa,uple return mission the use of ISRU can greatly increase the

quantity of Martian soil and rock samples brought back to Earth, or conversely, greatly reduce

the Earth launch mass required to return a specified amount of Martian samples.

With interest in an ISRU-enhanced sample return mission rapidly increasing within

NASA, there is a growing need to demonstrate in situ propellant production technology on a

smaller and less expensive scale. The mission design presented in this report responds to this

need: it is a low-cost, near-term Mars ISRU propellant technology demonstrator which is also

capable of a significant science return. The essence of this mission is to use indigenously

produced fuel and oxidizer to propel a ballistic rocket hopper capable of a range of

approximately 30 km on Mars. The Mars landing vehicle and hopper are one and the same

vehicle. This integrated approach is simple to implement and offers the possibility of being

modified for multiple hops or, ultimately, for a sample return mission.

Although much work remains to be done to develop and implement the technology of

ISRU, our studies indicate that it can be accomplished at modest cost and on a relatively short

time scale. The mission presented here, for example, could be launched within five to seven

years at a total cost, including the launch vehicle, of only $200 Million.

Adam P. Bruckner
Professor of Aeronautics and Astronautics

July 31, 1994
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1.1 BACKGROUND
(Norihito Tsuji)

Ever since mankind first stepped on the surface of the Moon, the dream of many has been

to expand the field of manned space exploration to Mars. Although the astronomically high cost

of a manned mission to Mars has kept this dream from reality, for the past 30 years Mars has

been explored by unmanned space probes, beginning with the Mariner series in the 1960's and

followed in the mid 1970's by Viking I and Viking II. These missions have provided a wealth of

data, have answered many mysteries about Mars, and have given rise to numerous new

questions. With the MESUR Pathfinder program establishing the return to exploration of the red

planet beginning in 1996, Mars is again receiving attention as a possible target for manned

exploration in the early 21st century.

The future of Mars exploration is primarily constrained by high cost. The key to

reducing mission cost is to use a simplified and streamlined mission architecture. However, the

main issue in reducing cost is decreasing Earth launch mass. One method of accomplishing this

is to incorporate low mass components into mission architecture, while another is to use in situ

propellant production, i.e., using resources available on Mars to manufacture propellant for the

return trip to Earth [1]. While lowering the mass of components has always been important in

reducing launch mass, in situ propellant production could drastically reduce mission costs, thus

bringing a manned mission to Mars closer to reality.

The concept behind using planetary resources to manufacture propellant is relatively

simple. A plant for propellant production is brought from Earth, and upon arrival begins

producing propellant from local resources. As propellant is manufactured, the return vehicle

tanks are filled. The plant can also be used as a refueling station for other mission operations

such as surface rovers. In situ resource utilization (ISRU) on Mars, was first proposed by Ash et

al. at JPL in 1978 [1] and more recently studied by Ramohalli et al. [2] and by Zubrin [3,4]. On

1.1



Mars,ISRU isaccomplishedby usingthecarbondioxide in theMartianatmosphereasthebasic

feedstockof thepropellantproductionprocess.

In 1992,the University of Washington's NASA/USRA AdvancedDesign Program

developedProjectMinerva,a preliminarydesignof a mannedmissionutilizing in situ propellant

production [5,6]. Its estimated cost of $55 billion represented a 90% reduction in the cost of the

conventional NASA concepts of the time. Because of the large investment such a mission would

nevertheless entail, unmanned precursor missions will need to be attempted first. Accordingly,

in 1993 we proposed Project Hyreus, a mission which utilizes in situ propellant manufactured on

Mars to return 25 kg of Martian samples, a quantity nearly two orders of magnitude greater than

current sample returns scenarios [7,8].

Prior to embarking on ISRU-augmented missions of the type described above, it will be

necessary to demonstrate in situ propellant production technology and its benefits on a smaller

and less expensive scale. Project Genesis, this year's mission study, is a low-cost Mars ISRU

propellant technology demonstrator mission which could be launched as early as 2001. The

essence of this mission is to use indigenously produced fuel and oxidizer to propel a ballistic

rocket hopper capable of a range of approximately 30 km on Mars. The Mars landing vehicle

and hopper are one and the same vehicle, henceforth referred to as the MLVH. The entire

MLVH makes the ballistic hop, leaving nothing behind. This integrated approach is simple to

implement, contains the possibility of being modified for multiple hops or for a sample return

mission, and is capable of a significant science return.

1.2 MISSION SCENARIO

(Takahisa Kobayashi, Keith Yang)

As shown in Fig. 1, the mission scenario begins with the launch of a Delta II 7925 rocket

into a low Earth orbit (LEO) in the year 2001. The vehicle's payload consists of the MLVH with
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its aerobrakeattached.Oncein LEO, the upperstageof the launchvehicle injects the payload

into afast conjunction-classtransferorbit to Mars. At MarstheMLVH performsanaerocapture

maneuverto enteranelliptical orbit aroundtheplanet. Usingagroundpenetratingradar(GPR)

system,the vehicleactsasaremotesensingsatelliteto detectwaterice deposits. After abouta

month in orbit, andfollowing confirmationby an imagingcamerathat thereareno duststorms

over the selectedlandingsite, the MLVH beginsits descentto thesurfacewith a small rocket

burn and aerobrakingmaneuvers.Whena specific descentvelocity is reached,a parachuteis

deployed to further decreasethe velocity of the MLVH. Maximum reduction in terminal

velocity is requiredin order to minimize the propellantrequirementsfor the landing engines.

The parachuteis jettisonedshortlybeforetouchdownandtheretro-rocketsareignited to provide

a soft landingon theMartiansurface.

As soonastheMLVH landsonMars,thepropellantproductionplantstartsproducingthe

fuel andoxidizerfor theballistic hop,andthesciencepackagebeginsto collect data. When the

productionof thepropellantsis completedapproximatelyfive monthslater, theMLVH executes

a ballistic hop to a newlocation 30km away andrepeatsthe scientific datagatheringprocess.

Although the main objectiveof ProjectGenesisis to demonstratein situ propellant' utilization

and ballistic hopping technology, a significant science retum is also accomplished.

1.3 IN SITU PROPELLANT PRODUCTION
(Scott Anderson, Karen Mark)

Two scenarios exist that could be used to produce in situ propellants on Mars. One

would produce methane and oxygen by combining seed hydrogen brought from Earth with

carbon dioxide found in the Martian atmosphere. The other scenario would produce carbon

monoxide and oxygen directly from the carbon dioxide.
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The methanesystemusesthe well known Sabatierreaction to producemethaneand

water [3,4]. Compressedcarbondioxide entersthe Sabatierreactorandreactswith hydrogen

brought from Earth. The water from the Sabatierreaction is sent to an electrolyzer to be

separatedinto oxygenandhydrogen.This hydrogenis recycledthroughthesystemuntil thereis

nohydrogenleft in thetanks.

The carbonmonoxidesystemusesa zirconiaelectrolyzerto producecarbonmonoxide

andoxygenby dissociatingcarbondioxide[1,2]. Itsadvantageis thatit doesnotdependonseed

hydrogenbrought from Earth; thus, a CO/O2production plant could, in principle, produce

unlimited quantitiesof propellants,so long asits powersourceremainsoperational. However,

zirconiaelectrolyzersrequirerelatively largequantitiesof power,are fragile, and areproneto

singlepoint failure. Accordingly, zirconiaetectrolyzersarenot suitablefor a small, low-cost,

near-termdemonstratormission. Alternatively, a reversewater-gas-shiftreactor and water

electrolyzercould beusedto producecarbonmonoxideand oxygen [1]. This approachuses

carbondioxideanda smallamountof seedhydrogen(which is fully recyclable)to form carbon

monoxideandoxygen. Unfortunately,very little researchhasbeendoneon this alternativeto

date,makingit undesirablefor a near-termdemonstratormission. A moredetaileddiscussionof

thecarbonmonoxideproductionconceptscanbefoundin AppendixA.

Themethanescenariowasselectedfor ProjectGenesis,for severalreasons:1)a methane

MLVH hasa lowerEarthlaunchmassthanacarbonmonoxideMLVH for a ballistichop of the

samedistance;2) theconfigurationfor themethanescenariois muchsimpler thanfor thecarbon

monoxidescenario;3) the Sabatierreactionhasbeenusedin industry for manyyearsand its

technologyis well developedandrobust[3,4]. In addition,componentsdevelopedfor a methane

ISRU system(suchasthe rocket engines)could beusedin other spaceapplications,suchas

reactioncontrolsystems.
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1.4 MARS SCIENCE
(Francisco G. Acosta, Jared Kipp)

Following the initial exploration of Mars by Mariner spacecraft, the Soviet Mars-series,

and the Viking landers, it is necessary to expand our knowledge of Mars in all areas of scientific

interest involving a single type of probe. Project Genesis will provide unique science data not

obtainable with any other proposed mission, and will greatly expand our knowledge of Mars.

In situ measurements from two different locations would begin a new phase in the exploration of

Mars, providing information which cannot be obtained from an orbiter and/or a single stationary

lander. This mission has three major science goals, which complement other proposed scientific

objectives for the continued exploration of Mars [9]:

•Surface composition

.Meteorology

•Location of ice/water deposits

The first two goals will be accomplished by the MLVH while on the Martian surface.

The versatility created by the ability of the MLVH to perform a hop allows the second landing

site to be selected after the initial landing. The third scientific goal will be accomplished by

means of ground penetrating radar from the spacecraft's initial parking orbit, prior to landing at

the first site. The possibility of finding deposits of water ice on Mars opens up vast opportunities

for future missions, such as in situ H2/O2 propellant production and life support systems.

1.5 REPORT ORGANIZATION
(Igor Turek)

The mission architecture of Project Genesis is presented in the following format:

Chapter 2 is devoted to the discussion of the propellant production plant and Chapter 3 presents

the MLVH configuration and conceptual design. The avionics and communication systems are
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described in Chapter 4, while the science aspects of the mission are discussed in Chapter 5. The

astrodynamics, atmospheric entry and landing sequences, and the choice of launch vehicle are

detailed in Chapter 6. A mission cost analysis follows in Chapter 7 and concluding remarks are

presented in Chapter 8. Two appendices are also included; the first contains details of an

alternative propellant production plant that produces carbon monoxide and oxygen, and the

second appendix describes experiments performed by one of the authors with a small, laboratory-

scale methane-oxygen rocket engine.
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NOMENCLATURE

ISRU

GPR

MLVH

In Situ Resource Utilization

Ground Peneu'ating Radar

Mars Landing Vehicle and Hopper
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2.1 INTRODUCTION
(Karen Mark, Scott Anderson)

The purpose of Project Genesis is to demonstrate in situ propellant production. With in

situ propellant production, the scientific return on future unmanned missions to Mars can be

greatly improved. As an example, the scientific return on this mission is increased since data is

taken in two locations, the initial landing site and the landing site after the hop. Thus, our

knowledge of the Martian environment would definitely increase if a single vehicle could do

numerous hops. However, the landing vehicle would be extremely massive if all the fuel for each

jump must be brought from Earth. In situ propellant production decreases the overall mass of a

spacecraft because the propellant needed for hopping or returning to Earth does not need to be

brought to Mars.

Several options exist for in situ propellant production. Of these, methane-oxygen and

carbon monoxide-oxygen are the options which have been examined in the greatest detail. For this

mission, the methane-oxygen option was chosen for several reasons. The methane system uses

the well understood Sabatier reaction of combining carbon dioxide and hydrogen to produce

methane and water[l]. Sabatier reactors have been used in industry for many years and typical

conversion rates are about 94%[2]. The carbon monoxide system requires either a zirconia

electrolyzer, which dissociates carbon dioxide into carbon monoxide and oxygen, or a reverse

water-gas shift reactor, which takes carbon dioxide and hydrogen to produce carbon monoxide and

water. The zirconia electrolyzer requires a lot of power and is very fragile. Having such a fragile

system in the mission increases the possibility of failure. The reverse water-gas shift reactor has

typically low efficiencies, around 10%. Much more study needs to be done on increasing the

efficiency of the reverse water-gas shift reactor before it can be used in a mission to Mars. A study

of using the carbon monoxide option is presented in Appendix A. The methane system has the

added advantages that the design is very simple and the methane engines developed could be used

on Earth, as well as Mars. As a propellant, methane is a potentially effective rocket fuel. It is
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capableof a specificimpulseof 385 seconds when burned with oxygen at an optimal oxidizer to

fuel (O/F) mass ratio of 3.5. The main disadvantages to the methane system are that some

hydrogen needs to be brought from Earth and once it is used UlS, no more propellant can be

produced.

A main concern with the propellant production plant is power. Although different

components of the propellant plant may be started at different times, the peak power usage occurs

at startup. Accordingly, the choice of an appropriate power source is influenced by this need.

Several different power supplies are considered. Solar power and batteries were not considered

since they would be unduly massive just to satisfy the power requirement of the production plant

alone. Only a radioisotope power source is capable of providing the power necessary to run the

plant continuously over a period of many months.

This chapter covers the methane propellant production plant components, mass, and power

requirements. It also includes a trade study on various power sources.

2.2 METHANE PROPELLANT PLANT
(Karen Mark, Daniel Pasco, Scott Anderson)

Since the Martian atmosphere consists of 95.3% carbon dioxide, methane and oxygen can

be easily produced by catalytically converting carbon dioxide and seed hydrogen, brought from

Earth, with a Sabatier reactor and a water electl'olyzer[ 1]. The Sabatier reaction is:

CO2 + 4H2 --_ CH4 + 2H20 AH = -174 J/kg

The water electrolysis reaction is:

2 H20 --_ 2H 2 + 0 2
AH = 13.4 kJ/g

Sabatier reactors have been proven to be reliable through many years of testing and use in various

applications throughout the industrial world in large production plants. This includes a Sabatier
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unit developedby Hamilton Standardfor thespacestation[l]. The systemalso has the added

benefit that it can be made lightweight and compact.

By these two processes, oxygen and methane are produced at an O/F ratio of 2, which

although far from the optimum ratio of 3.5, nevertheless offers a respectable lsp of 344 seconds

which is more than adequate for the mission goals. The ballistic jump of this mission requires

47 kg of methane and 94 kg of oxygen to be produced by the Propellant Production Plant (PPP).

Methane is produced at a rate of 0.333 kg/day and oxygen is produced at a rate of 0.667 kg/day

over a period of 141 days. This requires 11.75 kg of imported hydrogen to be used at a rate of

0.0833 kg/day, but 16.75 kg are brought to Mars to account for losses due to boiloff.

The total propellant production rate of this plant is 1 kg/day. This production rate was

chosen, because it allows this mission to use a breadboard design by Robert Zubrin of Martin

Marietta to fulfill the production rate[2]. This cuts down on the amount of development and thus

the cost that will be needed for the propellant production plant. In order to attain a higher mass

flow rate, a second water electrolyzer would be required. This would increase the power required

by the PPP by 150 W. This' makes the total power requirement for the spacecraft to be more than

its radiators could handle and thus is unfeasible. Fortunately, a higher mass flow rate is not

required to keep production within a limit that was set at 180 days. This limit was set to decrease

the chance of failure from exposure on Mars for an extended period of time. The 141 days of

production is well under the limit and thus keeps the chance of failure low.

The schematic and configur/_fion of the PPP are presented in Figs. 2.1 and 2.2. After the

Martian air is passed through a filter, it is compressed and sent to a storage tank. Then, the

compressed carbon dioxide from this tank is pumped to the Sabatier reactor to produce water and

methane. An electrolyzer is used to dissociate the water into oxygen andhydrogen. The oxygen

and methane are liquefied and stored. The hydrogen from the electrolyzer is recycled back into the

Sabatier reactor. Trace gasesare vented after the methane is liquefied.
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First, thefilter mustremovethemajorityof thedustandsandparticlesor anyotherdebris

from theMartianair enteringtheplant. Sandanddustcoulddamagetheplantandtheir presence

could leadto impurities in thepropellant. The filter must be lightweight andnot havemoving

parts.

The outputof the Sabatierreactoris gaseous;thusa condenseris neededto liquefy the

watervapor. Thecondensateis thensentto anelectrolyzerto separatethewaterintohydrogenand

oxygen.

Othercomponentsneededto run the plant are: compressors,pumps,heatpipes,valves,

tubing,andpressureandtemperaturesensors.ThePPPalsoneedsacontrolspackageaswell asa

refrigerationsystemto maintaintheoxygenandmethaneatcryogenictemperaturesfor theduration

of the lander'sstay on theMartian surface.The powersystemto run thepropellantproduction

plant,aswell astheothersystemsof thevehiclearediscussedlaterin thischapter.

2.2.1 Sabatier Reactor

(Scott Anderson, Karen Mark, Dan Pasco)

Once the carbon dioxide from the Martian atmosphere is compressed, it is reacted with

imported seed hydrogen to produce water and methane by the methanation reaction, also known as

the Sabatier reaction:

CO2 + 4H2 --_ CH4 + 2H20 AH = -174 J/kg

The Sabatier reaction is exothermic, which means that no energy is required to drive it. It

also means that at lower temperatures, the reaction produces greater yields. Heaters are still needed

to raise temperatures to a level at which the reaction will run spontaneously in the presence of a

catalyst. Thus, the temperature at which the reaction is run must be a comprise between an

increase in yield and decrease in the effectiveness of the catalyst in aiding the reaction. Since
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5 moles of gasare reactedt_ form 3 moles,higherpressuresdrives the reactionto the right.

Thus, with higherpressures,thereactionwill producegreateryields. The pressureat which the

reactionis runmustbeacompromisebetweenanincreasein yield andthecompressionrequiredto

raisethepressurefrom Marsambientof 8 mbar.

This reactionoccursspontaneouslyin the presenceof a nickel-nickel oxide catalystat

450 K and 1bar[3]. Someheatingwill be requiredto get the chamberup to that temperature.

However,therearemanyproblemsassociatedwith usinga nickelcatalyst. Someof thesearethat

the equilibrium constant,K, shifts if operatingpressuresand temperaturesarenot maintained

within a very narrowrangeandthat toxic carbonylproductscanbe formed[2]. Ruthenium-on-

aluminacatalystsare recommendedbecausethe reactionratesaremuchhigher,operationcan

continueattemperaturesaslow as150° C, andno toxic gasesareproduced.Thiscatalysthasthe

advantageof beingableto producehigheryields,becauseit can run with lower temperatures,as

describedabove. Ruthenium-on-aluminacatalystshavealsoa demonstratedshelf life of greater

than 12years[l]. Althoughruthenium-on-aluminaismoreexpensivethana nickelcatalyst,only a

small amount(1 kg) is neededto drive thereactionandthe total estimatedcostof rutheniumis

about$300[3].

TheSabatierreactionchamberis a5cm diametercylinderwith two mainsectionsalongits

axis. A diagramof the Sabatierreactorcanbeseenin Fig. 2.3. The first sectionis a mixing

chamber.It hasbeendeterminedthata5cm lengthwouldassurecompleteinputgasmixingusing

gasdiffusionalone[2]. Thesecondsectioncontainstheruthenium-on-aluminacatalyst.Basedon

analyticalmodelusingpublisheddatafor ruthenium-on-aluminacatalyst,a7 cmreactionlengthis

requiredto getcompletereactionof thecarbondioxide andhydrogen[2]. For a safetyfactor, a

mixing length of 7 cm and reactionlength of 10cm waschosenfor a total reactor length of

17cm.

The Sabatierreactionchamberhasheaterswrappedaround it along its length. These

heatersareusedto raisethetemperatureof thereactionchamberto 150° C, whichis neededfor the
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reactiont_ takeplacein thepresenceof thecatalyst.Theseheatersinitially require200Weto heat

thechamber. This power requirementis thestartuppower for the Sabatierreactor. While the

reacti_mgivesoff energy,energyis alsolost to theenvironmentaroundthereactor. Thus,asmall

power requirement (0-10 We) may needto be given to the heatersto maintain a constant

temperature.

The Sabatierreactoris orientedvertically,sothat anywatercondensingin thereactorwill

drain out. Thecarbondioxide andhydrogenenterreactorat the top andthewaterandmethane

leave at the bottom. Also, the heatexchangeris placedbelow the Sabatierreactor,with the

condenserbelowit, soanymorecondensingwaterwill endup in thecondenser[2].

A Sabatierreactorproducedby PackardInstrumentswill besuitable for the propellant

productionplant[3]. This reactoris availableata massof 3 kg andisrelativelysmall(2883cm3),

usingtheRutheniumcatalyst,assuggested.Testingby RobertZubrin of Martin Mariettashows

thattheSabatierunit iscapableof converting94%of thecarbondioxideandhydrogento methane

andwater[2].

2.2.2 Electrolyzer
(Daniel Pasco, Scott Anderson)

The water electrolyzer is used to dissociate water into diatomic hydrogen and oxygen in the

following reaction:

2 H20 _ 2H 2 +0 2 AH = 13.4 kJ/g

Packard Instruments in Chicago, Illinois manufactures a solid polymer electrolyte (SPE)

electrolyzers with a mass of 3 kg that can produce up to 0.0833 kg/day of hydrogen and

0.667 kg/day of oxygen[2]. SPE electrolyzers are in a very advanced state of development, with

over 7 million cell-hours of operation[l]. The SPE electrolyzer has a rated power requirement of
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160We (testsindicate that the ,'equirement is closer tt_ 150 W,:)121 and occupies a cylindrical

vulume uf 514 cm 3. It is 25.4 cm long and has a diameter of 5 cm.

2.2.3 Filter

(Karen Mark, Scott Anderson, Jason Andrews)

The Martian atmosphere contains wind-blown dust and sand particles[4]. Thus, a filtration

system is needed to remove the particles from the Martian air before it enters the plant. In order for

a filter to be effective, it must be able to remove particles of size down to a micron. To fulfill this

requirement, pleated filter cartridges and membrane filters are used. As the filter will eventually

become clogged with dust, multiple filters are needed. Two pleated filter cartridges are placed in

parallel ahead of the compressor and two membrane filters are placed in parallel after the

compressor. In this configuration, only one of the filters in parallel is used at any one time. The

filter cartridges are rated to remove particles down to 2 microns and the membrane filters are rated

to remove particles down to 0.1 microns[5]. Differential pressure sensors are used to indicate how

much dust has accumulated in the filter. When the mass flow rate is decreased significantly, a

simple valve reroutes the flow to the unused f'dter.

To further reduce the dust intake, it is important to pay attention to atmospheric

considerations. During high winds and dust storms the region directly above the surface up to 1 m

is full of blowing dust. The ingestion of this dust should be reduced as much as possible to limit

the work of the filtration system. As a result, we designed an intake device that consists of a

ped_ope and a weathervane. Once the MLVH lands a small 2 inch diameter periscope is extended

such that it rises just above the height of the lander. Attached to this periscope is a weathervane

that is deflected in the direction of the prevailing wind. The weathervane ensures that in high

winds, when dust ingestion is of great concern, that the atmospheric intake is sufficiently above the

surface and shielded from the prevailing winds such that direct dust intake is minimized. A

.schematic diagram of the intake device can be seen in Fig. 2.4.
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2.2.4 Compressor
(Karen Mark)

The atmospheric pressure on Mars, as measured at the two Viking sites, varied between 7

and 10 mbar[6]. A compressor is a necessary part of the PPP since the Sabatier reactor requires

the inlet gases to be about 1 bar [7]. Assuming an average pressure and temperature of 8 mbar

and 220 K on the Martian surface, a three-stage reciprocating compressor with interstage cooling

and graphite lubrication can be used. The compressor is modeled as an isentropic process,

assuming carbon dioxide is an ideal gas. Carbon dioxide can be assumed to be an ideal gas since

the compressibility factor is almost I at very low pressures.

Figure 2.5 shows a schematic design of the compressor. Each stage has a compression

ratio of 5 to 1, giving an overall compression ratio of 125 to 1. The system is cooled between

each stage to reduce the power requirement and ensure that the cylinder temperatures do not exceed

450 K[8]. The atmospheric gases between each stage are cooled by heat pipes transferring heat to

passive radiators. In designing the compressor, a trade-off must be made between reducing the

radiator area and the exit temperature. The radiator area required is:

Area = q (2.1)

where: q = heat transfer rate (W)

e = emissivity of radiator = 0.91

or= Stefan-Boltzmann constant = 5.67 x 10 -s W/m2-K

Tr = temperature exiting radiator, entering the next cylinder (K)

Tm = average Mars ambient temperature = 220 K
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The heattransferrate,q, can be found after applying the conservation of energy principle on each

stage of the compressor:

q = w- mfr Cp (Tr" Ti) (2.2)

where: w = isentropic work done by compressor (W)

w_- ,] (2.3)

mfr = mass flow rate of gas (kg/s)

Ti = temperature entering the cylinder (K)

Tr = temperature entering the next cylinder, after exiting the radiator (K)

Cp = average specific heat of carbon dioxide

between Tr and Ti

Figure 2.6 shows a plot of gas temperature entering the second and third cylinders and

leaving the compressor versus intercooler radiator area. Note that the temperature leaving the

compressor is fairly constant at 350 K as long as temperatures entering the second and third piston

do not go above about 250 K. Thus, the total intercooler radiator area is only 0.162 m 2 if the

temperature of the gas leaving the compressor is kept to about 350 K. The temperatures entering

the second and third cylinder are 235 K and 245 K, respectively for a radiator area of 0.162 m2.

With these temperatures, the total isentropic work done by the compressor is calculated to be

2.86 W.

The size of the compressor is set by the volume of each cylinder, assuming a constant

stroke length for each stage. A trade-off must be made between minimizing the volume and

reducing the wear on the motor. Figure 2.7 shows the swept volume of each cylinder with the

required stroke length and also compares how rotation rate (RPM) of the crankshaft varies with
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strokelength. Note that thevolumeof eachstageis at a minimumwhentherotationrate is at a

maximum. The wdurneof thefirst stagemustbeminimizedsinceit is the largestdueto thelow

densityof the Martian atmosphere.Both thevolumeof thefirst stageandthe rotationrateare

extremelysensitiveto thestrokelength;changingthestrokelengthfrom 5cm to 10cmcausesthe

volumeandrotationrateto increasebyalmostafactorof two. An optimumoccurswherethetwo

curveson the graph intersect,at abouta strokelengthof 9 cm and7 rpm. After this point, a

relatively small decreasein the rotation ratewould beaccompaniedby a large increasein the

volumeof thefirst stage. With suchasmall rotationrate,eachstagecompressesthegasesvery

slowly, causingthereto betimeswhentherewould benogasflowing to theSabatierreactor.The

oscillationsin themassflow rateareevenedoutby pumpingtheoutputgasesto astoragetankto

bedrawnout for usein theSabatierreactor.

Theestimatedmassof thecompressorandintercooleris 10kg. Thecylinderscanbemade

from very lightweight metalslike Aluminumwhile the intercoolerradiatorcanbemadewith the

samematerialsas the radiatorsusedfor the power supply. The electrical power neededis

approximately20 We,assuminganoverallefficiencyof 15%.Thedimensionsof thecompressor

are25.2x 12x 27 cm (1x w x h) without themotor, assumingtheradiusof the first cylinderis

5cm.

2.2.5 Condenser

(Karen Mark)

A condenser immediately follows the Sabatier reactor to liquefy the water vapor. The

temperature and pressure of the gases coming out of the Sabatier reactor are about 350 K and

1 bar respectively[2]. The condenser liquefies the water vapor by rejecting heat to the radiator

system through heat exchangers. The water vapor will condense out as the temperature in the

condenser approaches 0°C. The condenser mass is estimated to be about 3 kg.
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2.2.6 Propellant Liquefaction
(Karen Mark)

The methane mad oxygen produced by the propellant production plant must be liquefied for

storage in the propellant tanks. The propellants from the condenser and electrolyzer enter the

liquefaction system at approximately the same pressure and temperature of ! bar and 300 K. The

minimum work to liquefy methane and oxygen from this initial condition is l,! 10 kJ/kg and

638.4 kJ/kg respectively[8]. A total of 47 kg methane and 94 kg oxygen are produced over a

period of 14 ! days, thus the liquefaction of methane requires 4.3 We and that of oxygen requires

4.93 We. Accordingly, the total power required for liquefaction is 9.23 We. Typical efficiencies

of liquefaction cycles vary from 30% to 75%. Assuming a median efficiency of 50%, the total

power required is 18.5 We. The total mass of the liquefaction system is about 15 kg.

The typical liquefaction cycle used in industry is the Joule-Thomson expansion cycle. The

Joule-Thomson expansion cycle is modeled to be an isenthalpic, closed cycle system.

(See Fig. 2.8.) Input gases are pumped through a heat exchanger and then throttled to bring the

gases to a liquid-gas mixture. Trace gases from the Martian atmosphere are then vented after the

methane is liquefied so that they do not reduce the performance of the rocket. The heat exchanger

is assumed to be an all-metal assembly consisting of counter flowing annular passages. Neon gas,

the working fluid of the refrigeration cycle, is run through the heat exchanger to satisfy the heat

transfer requirement to liquefy both the oxygen and methane.

2.2.7 Propellant Refrigeration and Storage
(Karen Mark, Scott Anderson)

Since the lander will be on Mars for an extended period of time, refrigeration and storage is

required for the propellants, because they must be stored at temperatures much lower than the

average Martian temperature of 220 K in order to keep them in the liquid state.
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Oneproblemthat occurswith storageof cryogensis boiloff in thetanks. Becauseof the

temperaturedifferencebetweenthetankandthelocalenvironment,thereis a netheatflux into the

tankswhichcausesthe propellantsto boil. This resultsin a build up of pressurewhich mustbe

relievedby ventingto theatmosphere.Thermalprotectionis requiredto reducetheheatflux into

thetanksto minimizethisboiloff.

Multilayer Insulation(MLI) hasbeenchosento insulatethetanksbecauseof its very low

thermalconductivity(from 32 - 70_W/m K). MLI is usedin mostcryogenicsystemsbuilt for u_

in space. The two primary kinds of MLI that arecommercially available are an insulation

composedof alternatinglayersof metalfoil andwovenmaterialandan insulationcomposedof

layersof Mylar with metalcoatingsalternatingwithoptionallayersof padding[10].

Aluminized Mylar without padding is the lightest insulation, with a density of

38 kg/m3[8]. It hasan effective thermalconductivity of 32 I.tW/mK. However, the thermal

conductivitycouldsignificantly increasesincethelaunchloadingwould applya largeforceto the

thinsheets,effectivelyincreasingthecontactpoints. Somewovenmaterialsin betweeneachlayer

wouldalleviatethatconcern. Theinsulationchosenfor all thetanksis aluminizedmylarwith silk

net. Thisadditionalpaddingraisesthedensityof theMLI to 45kg/m3andits thermalconductivity

to 45 l.tW/mK[I 1],which areacceptable.

Methaneandoxygencanbothbestoredat 90K at 0.2barand 1bar, respectively,sothat

onerefrigerationsystemmaybeused.AssumingthattheMLI canonly partially reducetheheat

flux, refrigerationis usedto completelyeliminatetheboiloff of thepropellants.

Thetwo methanetanksandtwo oxygentanksareeachcoveredwith a 1cm layerof MLI

aroundthem. Eachtankhasadiameterof 46cmwithouttheMLI. To beconservativein theheat

transferanalysis,eachtank canbe takenasaspherealonein anenvironmentwith abackground

temperatureof 321 K, which is thetemperatureof the powersystem'sradiators. Themetaltank

walls provideessentiallyno heattransferresistancecomparedto the MLI. Thus,the inner tank
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radius,wherethetemperaturewill be90 K, is 23cm andtheoutersurfaceradiusis 24cm. The

heattransferequationsareasfollows[12]:

where:

q = __trcrers3(T 4 _(321X)4 ) = 4trk((9OK)- _)1 1

ri r,

q = heat transfer rate

cr = Stefan-Boltzmann constant (5.67x 10 -8 W/m2.K 4)

e = emissivity

rs = outer surface radius

Ts = MLI surface temperature

k = thermal conductivity of MLI

ri = inner tank radius

(2.4)

The rate of heat transfer into each tank is 0.65 Wth. Thus, the total heat transfer for the four tanks

is approximately 2.6 Wth. The actual heat transfer rate will not be quite this high as the tanks will

interact with each other and the Martian atmosphere and not solely with the radiators.

A single stage reverse turbo Brayton refrigerator, currently under development by Creare

will be able to compensate for the heat transfer to prevent boiloff[ 13]. The system has a mass of

14 kg and consumes 50 We of power to cool at a rate of 3 Wth at 90 K[14]. The Create system

was chosen over a conventional Gifford-MacMahon refrigeration system because the Creare

system is three times more efficient. The system has been tested and run continuously for nine

years without mechanical failure[3].

In order to produce methane and oxygen on Mars, hydrogen must be imported from Earth.

Unfortunately, hydrogen is difficult to store. A refrigeration system for hydrogen is prohibitive

due to its high mass and large power requirements. This is because the liquid hydrogen must be
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steeredat very low temperatures,around2{}K. Thus,fl_r this mission,the hydrogenwill not be

actively refi'igeratedand will be allowed to boiloff. The optimum storage conditions for the

hydrogen fl_r our mission is 23 K and 25 bar. These conditions define the optimum, because at

23 K and 25 bar the hydrogen has a high density of 7 !.88 kg/m 3. This keeps the volume and

surface area of the tank down, which saves space and reduces the heat transfer. At higher and

lower storage temperatures than 23 K, the heat transfer is higher than at 23 K. The overall size of

the hydrogen tank is limited by the volume in the spacecraft which it can occupy. The tank is

spherical, with a diameter of 76 cm. A 10 cm thickness of MLI is used to insulate the tank. This

results in a heat transfer rate of 0.17 W. The tank can hold 16.65 kg of hydrogen initially.

Approximately 4.9 kg of hydrogen boils off during the five and a half months of transit to Mars.

This leaves 11.75 kg of hydrogen for propellant production upon arrival at Mars. The hydrogen

which boils off while on Mars is tapped off for use in the Sabatier reaction, resulting in no

additional losses after arrival on Mars.

2.2.8 Alternative Components
(Karen Mark, Scott Anderson)

Many components of the methane propellant plant raise concerns over reliability,

effectiveness, and cost. The main concerns are with the CO2 compressor and the refrigeration

system. The compressor has received attention since it is a rotating machine which must run

unattended for 141 days.

One way to increase the reliability of the mechanical compressors is to replace them with

adsorption compressors. Adsorption pumps have been developed for nitrogen and hydrogen as

part of Joule-Thomson refrigerators. These pumps operate on the principle that the gas can be

adsorbed on materials to increase its density to that of a liquid. The gas then exits the pump at a

higher pressure and temperature after being desorbed with waste heat from a power source. Since

the rotating machinery of a conventional compressor is replaced by simple check valves and heat
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switches,theadsorptioncompressorsarehighly reliable[15]. Througheitherchemicalor physical

adsorption,thecompressorpressureratiocanbeashigh as 1000in a singlestage[16]. Thus,this

kind of compressorwould be ableto replacea multistagemechanicalcompressorandbemore

reliable. Theuseof sucha compressorshouldbeinvestigatedfurther.

Alongthesamelinesaswith theadsorptioncompressors,sorptionrefrigerationisamethod

of cooling wherein gas is compressedby adsorptiontechniquesand then passedthough an

expansionvalveto createcooling. The compressorportionof a sorptionrefrigeratorrunson the

sameprinciplesasdiscussedwith the adsorptioncompressors.Sorption refrigeration systems

havenomovingparts,other thancheckvalves,andthuscouldeventuallyhaveapotentiallifetime

of decadeswith virtually novibration[l 7].

Onewayto improvetheperformanceof thehopperis to producethemethaneandoxygen

at the Ispoptimummassratio of 3.5 to 1. With the3.5:1ratio, the specific impulse is raisedto

365s over the344s valueat a2:1ratio. The additionaloxygenneededfor this scenariocouldbe

producedby areversewatergasshift reactor,whichcombinescarbondioxide andhydrogento

form carbonmonoxideandwater. Thiswatercouldbeelectrolyzedto form additionaloxygen. A

problemwith thereversewatergasshift reactor is that anefficient reactorhasyet to bebuilt.

Anotherpossibilityis to usea hightemperaturezirconiaelectrolyzerto separatetheoxygenfrom

the carbondioxide directly without havingto useseedhydrogen.Thereareconcerns,however,

that an oxygen-depletedzone can grow and lead to electrolyzer failure[15]. The simplest

alternative is to bring more seedhydrogen and operatethe Sabatier/electrolysisplant for a

sufficiently longtime to producetherequiredamountof oxygenandventoff theexcessmethane.

However,this requires75% morehydrogenandthusa larger tank, andalso requirespropellant

productionto occurover a periodof 230days,increasingthepossibility of systemfailure. The

addedcomplexityand/ordecreasedsystemreliabilitywhichresultfrom thegenerationof additional

oxygendonotjustify theslight improvementgainedinspecificimpulse.
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2.3 POWER SYSTEMS

(Nodhito Tsuji)

Since Project Genesis requires a relatively large amount of power compared to previous

missions to Mars. an efficient, reliable, and cost-effective power source is necessary to lead our

mission to success. The following basic design criteria were considered to select the appropriate

power system: reliability, availability, survivability, power-to-mass ratio, size, cost, and safety.

To supply electric power for long-duration spacecraft, there are two types of power sources: solar

and radioisotope systems. The trade study was done on the following power systems and are

described sequentially in the next section.

• Solar arrays combined with rechargeable batteries

* Dynamic Isotope Power Systems (DIPS)

• Radioisotope Thermoelectric Generators (RTG)

• Radioisotope Thermophotovoltaic Generators (RTPV)

2.3.1 Solar _rrays and Batteries

The common efficiency for a photovoltaic solar array is at most about 20% with gallium

arsenide (GaSb) cells [18], and the solar flux on Mars is at most, only 604 W/m 2 at the equator

under dust-free conditions. Because solar arrays can be operated only during the daytime, the

energy storage system is required to supply power at night. To estimate the size of this power

system, assume that the propellant production takes place at the Viking-1 landing site (22.30 N)

during Martian spring and summer. Under these conditions, the length of the day is 13.2 hours

and the length of the night is 11.5 hours, and the average daytime irradiation is 305 W/m 2 [18].

The MLVH consumes up to 450 We, so the required area of a solar array, As, is estimated using

the following equation:

a = P, .i P_tn
ar 1 Gl"lt_

(2.5)
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Where: A s = Area of a solar panel

Pe = power generated by a solar panel

G = solar flux on the Martian surface

1/ = efficiency of a solar panel

td = day length

tn = night length

The first term in the left hand side of the equation represents the area of the solar arrays generating

power for the MLVH equipment. The second term represents the area of the solar arrays

recharging the energy storage system. According to this equation, the required area with GaAs

cells for the solar array is 12.5 m 2. Since the solar array with GaAs cells has specific mass of

1.06 kg/m 2 [18], it would constitute a mass of 13.3 kg.

Among the many types of power storage systems, rechargeable batteries have been one of

the most reliable and safe power storage systems in space. Among them, nickel cadmium (NiCd),

nickel hydrogen (NiH2) and nickel metal hydride (NiMH) have high performance. Of these three,

NiMH has the highest specific density. Characteristics of NiMH are listed in Table 2.1.

Table 2.1 Characteristics of NiMH.

Specific energy Energy density Power density

(Wh/k,g) (WMiter) (W/k_)

80 215 470

Recharge time

15 min for 60%

<1 hr for 100%

The mass of the batteries is estimated from the following equation:

_tn
mo= eD (2.6)

Where: mb = mass of rechargeable batteries

e = specific energy of batteries

D = depth of charge (40%)
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According to the above equation, the batteries have a mass of 161 kg, and when the solar arrays

and the ,'echa,'geable batteries are combined, t_tal mass of the power system becomes 174 kg.

Although rechargeable batteries are reliable, available, safe and cost-effective, they are a very

"heavy" system fi_r this mission compared to other power systems. In contrast, the RTPV has a

mass of only 41 kg and provides 464 We 24 hours a day.

2.3.2 General-Purpose Heat Source (GPHS)

General-Purpose Heat Source (GPHS) modules are used as a heat supply for many

radioisotope power systems. These modules have undergone stringent safety tests, and have

flown on the Galileo and Ulysses missions [19]. As shown in Fig. 2.9 [19], Each GPHS module

has four 238puO2 fuel pellets, providing a thermal power of 250 W. A pair of pellets is

encapsulated in an iridium-alloy cladding, which is in turn covered by an impact shell. The impact

shell is employed to help prevent fuel breakthrough in case of hard impact. Two impact shells are

contained in an aeroshell which works as an ablator during emergency atmospheric re-entry. To

withstand the high temperatures and impact of an accident, fine-weave pierced fabric, a three-

dimensional carbon,carbon composite, is used for the impact shell and the aeroshell. Between the

impact shell and the aeroshell, a low-density composite of carbon-bonded carbon fibers is used as

a high-temperature thermal insulator. It protects the clads from overheating in re-entry and from

overcooling during the subsequent supersonic decent [19].

To supply the total of 450 We for systems on the MLVH, 26 GPHS modules are required

for the RTG, while the DIPS and the RTPV require 9 modules.
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2.3.3 Radioisotope Thermoelectric Generators (RTG)

The RTG has been used for many previous missions, and has been a very reliable power

supply for decades [8]. The RTG utilizes thermoelectric unicouples that convert heat directly into

electricity by using a temperature gradient provided by Pu decay. Because this device is

completely passive, it has no moving parts and no mechanical wear. Because the operational

temperature of the radiator is high (575 K),it permits a smaller size radiator compared to other

radioisotope systems, such as the RTPV (321 K) and the DIPS (295 K). However, the low

efficiency of the RTG (6 to 8 %) would require more radioisotope fuel, which drives the cost and

mass of the power system higher. For Project Genesis, the RTG would have a mass of 79 kg.

and 26 heat source modules would be required.

2.3.4 Dynamic Isotope Power Systems (DIPS)

The dynamic isotope power systems (DIPS) employs a closed Brayton cycle system

energized by GPHS. A cycle diagram of the DIPS is shown in Fig. 2.10. The working gas, He-

Xe, is heated in the heat source assembly and flows to the turbine where the gas expands and

performs work. Afterwards, the gas flows through a recuperator where thermal energy is

transferred to gas entering the heat source. The gas then flows through the radiator where it

transfers its heat directly to the radiator heat pipes. After being cooled by the radiator, the gas

passes through the alternator, cooling it before flowing through the compressor. After

compression, the gas is routed through the recuperator again, but this time it receives waste heat

from the gas exiting the turbine. From the recuperator, the flow enters the heat source assembly,

and the cycle repeats.

Table 2.2 shows the characteristics of the DIPS[20]. Although the DIPS has a high system

efficiency, it is very massive compared to the RTPV and requires larger radiators compared to the
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RTG. Becausethe missionrequiresa powersystemwith high specificenergy,the DIPS is not

very feasibleill,-this mission.

Table2.2 Basiccharacteristicsof theDIPS[20].

Compressorinlet temperature,(K)

TurbineInletTemperature,K

Missionlifetime(yr)
Isotopethermalpower,EOM (kWt)
No. GPHSblocks

Grosselectricaloutput,(We)

Netcycleefficiency,EOM (%)
Radiationarea,(m2)

Radiatortemperature(K)

Systemmass,(kg)

250

1144

10

2.07

8
482

24.1

12.9

295

121.7

2.3.5 Radioisotope Thermophotovoltaic Generators (RTPV)

In the RTPV systems developed by Boeing, thermophotovoltaic (TPV) cells convert

infrared radiation emitted by a hot surface to electricity[20]. This technique can yield a conversion

efficiency of more than 25%, which is considerably higher than that of the RTG. A schematic of

the RTPV is shown in Fig. 2.11, and the layered composition of the RTPV, with two GPHS

modules, is shown in Fig. 2.12 [19]. Until recently, Fairchild Space and Defense Corporation

Was adopting the RTPV for the Pluto Fast Flyby mission planned for launch around the year 2000.

A comparison of the RTPV and RTG is given in Table 2.3.

Like the RTG and the DIPS, the RTPV uses GPHS modules. Since the MLVH requires a

maximum of 450 We, 9 modules are required with the system efficiency of 20.6%. Because the

RTPV has a higher efficiency than the RTG, it requires fewer GPHS modules. Therefore, there is
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lessmassandI_wercost. The specific power of the RTPV is 11.0W/kg. and the total power

systemincludingradiatorshasamassof only 4 i kg.

Table2.3 Basiccharacteristicsof theRTPVandRTG[ 19].

RTG RTPV

Generatormass(kg)
Numberof HeatSourceModules

Thermalpower(Wth)

OperatingTemperature(K)

RadiatorHeatpipe(K)

OutputPower(We)

SystemEfficiency(%)

SpecificPower(W/k_)

78.9 41

26 9

6500 2250

1326 1210
none 321

455 464

7.0 20.6

5.7 11.0

TPV cellsoperatewith higherefficiency at lower temperatures.Sinceits heatrejection

temperatureis low, theRTPVneedsmuchlargerradiatorfins thantypicalRTGs. TheRTPV,with

a20.6%systemefficiency, requiresaradiatortemperatureof 321 K. Although theefficiency of

theRTPV canbeashighasabout27% with lowerradiatortemperature,a largerradiatorwouldbe

required,increasingtotalmass.Therequiredareaof theradiatoris estimatedusingthefollowing

equations

O = Pth(1 - rT) (2.7)

A = Q + o_GAsot,,r
, ,  2.s>

where: Q = wasted heat from RTPV

Pth = thermal power of RTPV (2500 Wth)

r/= efficiency of RTPV = (20.6 %)

A = required area of the radiator

_z = solar absorbtivity of radiator panels [21] (0.22)
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G = solar flux = solar flux on the Martian surf_lce

Asolar = maxinlum area of the radiator under direct sunlight (4.1 m 2)

e = IR emissivity of radiator panels [21] (0.9 I)

o" = 5.67x 10 -_ W/m 2. K

Fsurf= view factor of ground to radiator (0.28)

Fs_ = view factor of sky to radiator (0.72)

Tra,l = radiator operating temperature (321 K)

Ts,,rf = surface temperature of Mars

T_ = sky temperature of Mars

Two worst case situations are considered as listed in Table 2.4. At the worst case, the area of the

radiator under direct sunlight is at the maximum, which occurs when the sun is directly above the

MLVH. Therefore this area is approximately a plan area of the MLVH.

Table 2.4 Two worst situations of the radiator.

I

Ground Required

Solar flux Sky Temperature Temperature radiator area
Case (W/m 2) (K) (K) (m 2)

Clear day (most) 600 180 300 6.0

Global dust storm 160 235 235 5.0

According to the above equations, the RTPV will require a radiator area of 6.0 m 2 To provide an

adequate margin of safety for heat rejection, actual total area of radiator is 6.5 m 2. The radiator has

heat pipes inside of it and rejects heat through a face sheet. As shown in Fig. 2.13, the structure of

the radiator is reinforced by aluminum honeycomb which is covered on both sides by aluminum

face sheets. The face sheet on the emitting side is covered with a sheet of a graphitized carbon-

carbon composite, which distributes the heat from the heat pipes over the width of the fins and also

provides a high emissivity surface [19]. The exterior surface of the radiator is coated with titanium

dioxide, which has a solar absorbtivity of 0.22 and an infrared emissivity of 0.91 [21]. The inside
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facesheetis polishedaluminum,coveredwith multilayer insulation(MLI) to minimize heating of

MLVH components on board. MLI has a thermal conductivity of 4.5 x 10 .5 W/m.K and a density

of 45 kghn 3 as discussed in Section 2.2.7. The rate of heat transferred through MLI is calculated

from:

q = kA TI - T2 (2.9)
L

where: q = the rate of heat transferred

k = thermal conductivity of MLI (4.5 x 10 .5 W/re.K)

A = area of radiator (6.5 m 2_

T1 = heat pipe temperature (321 K)

7"2 = inside temperature of MLVH (220 K)

L = thickness of MLI (0.01 m)

According to the above equation, 2.8 W of heat are transferred to the interior of the MLVH. This

small amount of heat is expected to escape via radiation and convection from an opening provided

on one side of the MLVH.

Dust accumulation could be a potential problem for the radiator. During global dust

storms, several monolayers of dust are expected to accumulate, which could seriously reduce the

performance of the radiator [22]. However, small vibrations from moving parts, such as the

compressor and refrigerator of the PPP, may help shake the dust off the radiator. Having 80% of

the radiator inclined at an angle of 46 ° and the rest inclined at an angle of 70 ° to the surface (see

Section 3.2) also minimizes the accumulation of dust layers on the radiator.

Wind-blown dust is not likely to cause significant abrasion to the radiator, since the size of

the dust particles does not typically exceed about 10 _tm. However, saltation of sand-sized

particles occurs close to the surface during dust storms. The particles are picked up as high as
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20cm abovethesurfaceandmay causeabrasionto low lying components. This problem is

circumventedby designingthelandinggearheightto beof theorderof Im.

AlthoughtheRTPV requiresa largerradiatorareathananRTGsystem,theRTPV is the

powersystemof choicebecauseit hasthe advantageof havinga lighter mass,higherspecific

energy,andlowercostcomparedto theotherpowersystemspresentedabove.

For this mission,four RTPV unitsareusedandprovidea total of 464 We. ThreeRTPV

units have two GPHS modules and provide 103We, and one RTPV unit has threeGPHS

modulesandsupply103We. Total massof theRTPV including theradiatoris 40.8kg, andtotal

power systemincluding a bus controller, which regulatespower distribution to the onboard

equipment,is 54.4kg. Themassinventoryof theRTPV is shownin Table2.5.

Table2.5 Massbreakdownof RTPV.

Corn ponent Mass(k_)

GPHS Modules

Fuel (PuO2) 5.35

Cladding (Ir) 2.12

Graphitics 5.50

Canister (Mo) 2.80

Multffoil Insulation (Mo) 0.40

Converter Elements, etc. 0.76

Housing for GPHS, etc. 2.40

Radiator 18.50

Multilayer Insulator (MLI) 2.92

TOTAL 40.75
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2.4 SUMMARY

(Daniel Pasco, Karen Mark, Scott Anderson)

The current mass and power budgets required by the propellant production plant appear in

Table 2.6. The total mass of the plant is 50 kg and the total steady state power requirement is 240

We. It should be noted that this estimate is conservative; an efficient compressor to handle low

mass flow rates on the Mars surface has yet to be developed.

Table 2.6 Propellant plant mass and power budget.

Component Mass Steady state power Sabatier startup power

(k_) (W) (W)

Filter system 1 0 -

Pumps/Compressors 10 20 -

Sabatier reactor 4 0-10 200

Water electrolyzer (SPE) 3 150 -

Condenser 3 0 -

Liquefaction system 15 20 -

Refrigerator 14 50 50

TOTAL 50 240-250 250
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NOMENCLATURE

A

As

A solar

Cr

D

DIPS

£

E

Fsky

Fsurf

G

GPHS

AH

Isp

k

K

L

mb

mfr

MLI

MLVH

7"/

O/F

Area (m 2)

Area of solar panel (m 2)

Maximum area of the radiator under direct sunlight (m 2)

Solar absorbtivity

Specific heat at constant pressure (J/kg.K)

Depth of charge (%)

Dynamic isotope power system

Emissivity

Specific energy of batteries (Wh/kg)

View factor of sky to radiator

View factor of ground to radiator

Solar flux (W/m 2)

General purpose heat source

Heat of reaction (J/kg)

Specific impulse (s)

Thermal conductivity (W/m.K)

Equilibrium constant

Thickness (m)

Mass of rechargeable batteries (kg)

Mass flow rate (kg/s)

Multilayer insulation

Mars landing vehicle/hopper

Efficiency

Oxidizer to fuel
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e

Pth

PPP

q

O

ri

rs

RTG

RTPV

SPE

td

tn

Ti

r_

Tr

Trad

T_

T_ky

T_.rf

rl

72

TPV

w

Power generated (W)

Thermal power of RTPV (W)

Propellant production plant

Heat transfer rate (W)

Wasted heat from RTPV (W)

Inner tank radius (m)

Outer surface radius (m)

Radioisotope thermoelectric Generators

Radioisotope thermophotovoltaic Generators

Solid polymer electrolyte

Stefan-Boltzmann constant (5.67x 10.8 W/mE.K 4)

Day length (s)

Night length (s)

Temperature entering the cylinder (K)

Average Mars ambient temperature (K)

Temperature exiting radiator, entering the next cylinder (K)

Radiator operating temperature (K)

MLI surface temperature (K)

Sky temperature of Mars (K)

Surface temperature of Mars (K)

Heat pipe temperature (K)

Inside temperature of MLVH (K)

Thermophotovoltaic

Isentropic work (J)
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Fig. 2.2 Methane propellant plant configuration.
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Fig 2.3 Schematic of Sabatier reaction chamber.
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GPHS-General.PurposeHeal SourceModule(250Watts)Sectionedat Mid.Plane

AEROSHELL(

9.72cm

2.65cm

*Fine-Weave Pierced Fabric, a 90%-dense 3D carbon-carbon composite
**Carbon-Bonded Carbon Fibers, a 10%-dense high-temperature insulator

***62.5-watt 238 PuO2 pellet

Fig. 2.9 General-Purpose Heat Source Module (250 Wth) sectioned at mid-plane[16].
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Fig. 2.10 Dynamic isotope power system cycle diagram [17].
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Fig. 2.11 Schematicof RTPV.
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Fig. 2.12 Layered composition of RTPV with two GPHS modules [16].
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3.1 INTRODUCTION
(Keith Yang)

The Mars Lander Vehicle/Hopper's (MLVH) main purpose on Mars is to demonstrate

ballistic hopping abilities with the use of in situ propellant which is produced by the onboard

propellant production plant. Fig. 3.1 shows the diagram of the MLVH. Besides the PPP, the

MLVH also carries onboard the scientific instrumentation. Besides acting as a bus system for the

instrumentation, the MLVH also carries out scientific data collecting. To do this, the MLVH enters

a polar elliptical orbit at Mars where it remains for a period of a month, and maps the surface of

Mars and scans for subsurface water ice deposits with a ground penetrating radar (GPR). Once the

MLVH determines a suitable landing site from its orbit, the MLVH begins its descent phase.

During this phase, the MLVH demonstrates aerobraking techniques used to reduce the landing

velocity of the MLVH. To further decrease the landing velocity, the MLVH also utilizes a

parachute and landing engines. Once terminal velocity is reached with the parachute, the parachute

is jetisoned, and the landing engines activate for a soft surface landing. The MLVH propulsion

system consists of four methane/LOX main engines. These engines are used as the landing

engines and "also as the main engines for the ballistic hop. Because Project Genesis was designed

to be launched on a Delta, the MLVH was designed around the Delta's launching capabilities in

terms of its payload mass limit and upper stage fairing dimensions. Based on these mass and size

limits, the MLVH is designed for a ballistic hop of 30 km. The dimensions of the MLVH, base

width is 2.4 m and frame height (excluding landing gear) is 1.7 m. The width of the aerobrake is

2.7 m.

The following sections discuss in detail, the MLVH configuration, structural design, and

mass inventory. Also included into this section are the design of the main engines, the reaction

control system, the parachutes, and the aerobrake.
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3.2 MLVH CONFIGURATION
(Igor Turek)

The configuration of the MLVH is based on the following criteria:

• Ability to perform a ballistic sub-orbital hop

• Payload ma_ and size limitations of Earth launch vehicle

• Location of MLVH's components

• Flight stability and center of mass location

Each of the design criteria is discussed in the following sections.

3.2.1 Ballistic Hop
(Igor Turek)

As a starting point in the vehicle design, the MLVH was assumed to perform one ballistic

hop of a 50 km range. Next, the configuration of the MLVH was designed with respect to the

criteria given in section 3.2. Lastly, after the vehicle's parameters: mass, dimensions, etc., were

calculated, the actual ballistic hop trajectory and range was computed. The details on the actual

MLVH's ballistic hop characteristics are given in Chapter 6.

From the assumed ballistic hop range of 50 km, the MLVH's ballistic burnout velocity

Avbo was calculated to be 0.43 km/s. Multiplying this velocity by 1.05 to account for the

gravitational and drag losses, and adding a ballistic landing Av (equal to AVbo), produced a total

MLVH's AV requirement of 0.88 km/s. Assuming an lsp for LOX/CH4 of 340 s (see section

3.4.5), the mass ratio (MR) of 1.30 was calculated using the standard rocket equation [1]. Similar

analysis was used to find the first Mars landing mass ratio (LMR). During the first landing

maneuver, the MLVH has to be slowed down from the velocity of 85 to 0 m/s near the Mars

surface (see section 3.7). The ballistic hop range (BR) and the values of AV, Isp, LMR, and MR

are shown in Table 3.1.
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Table3,1 MassratiosandAv requirements.

BR (kin) Avbo AV lsp (see) LMR MR

50 0.43 0.88 340 1.03 1.30

Once the dry mass of the MLVH is known, the mass of propellant needed to insert the

MLVH into the assumed ballistic trajectory can be calculated. Unfortunately, this calculation is

circular because the mass of propellant affects the MLVH's dry mass through the change in the size

of tanks and the amount of required ,seed hydrogen. Also, the propellant production time (PPT) is

affected by the above variations. An interactive process had to be employed, and when taking into

account the launch vehicle limitations of payload size and mass, given in Section 3.2.2., the

optimal value of the PPT and the vehicle's dry mass was found; these are given in Table 3.2.

Also, the amount of propellant and the mass of seed hydrogen required for the MLVH to perform

the assumed 40 km hop is given in Table 3.2.

Table 3.2 MLVH dry masses and propellant production characteristics.

MLVH Dry Mass (kg) Propellant Mass (kg) Seed Hydrogen (kg) PPT (days)

442 141 16.7 141
'! I

3.2.2 Launch Vehicle Considerations

(Matt Hedman)

The payload capabilities of the launch vehicle determine the performance of the MLVH.

The launch mass of the MLVH is a function of how quickly the propellant necessary to perform the

hop is produced. If a shorter time frame is required, a faster rate of production is needed,

therefore, a larger propellant production plant is required. Furthermore, larger propellant tanks are
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neededtc_housemorepropellantdueto the increasedmass. A moremassiveflame is needed to

house these items. Other components scale up in size also. An approximate mathematical model

was developed to analyze these u'ends. The resulting graph of vehicle launch mass versus number

of days of production time is shown in Fig. 3.2.

Launching the MLVH on the Delta 7925 rocket places two restrictions on the hopper. First

of all, the MLVH must have a lower launch mass than the 1000 kg the Delta is capable of

transferring to Mars with a C3 value of 10 km2/sec 2 [2]. Secondly, the vehicle and aerobrake must

fit inside the PAM-D upper stage payload fairing, which has an inner diameter of 2.8 m at the base

and a height of 4.2 m.

Rather than the mass restriction, the payload fairing diameter is the limiting factor that

determines the size of the MLVH. The symmetric aerobrake is designed with a diameter of 2.7 m,

so it will just fit inside the fairing. All of the other items onboard must be configured so that they

are not protruding in the wake of the aerobrake during the aerocapture. In order to increase the

performance of the MLVH (make a longer hop or have fewer days of propellant production time),

the size of the seed hydrogen and propellant tanks must be increased. Due to the limited space that

is protected behind the aerobrake, increasing the size of these tanks is not possible beyond a certain

point. Therefore, the PAM-D payload fairing diameter dictates the performance of the MLVH.

3.2.3 Component Locations
(Takahisa Kobayashi)

It is desired to place the components of MLVH at appropriate locations to minimize the

possibility of different components unfavorably interacting with each other, such as the high

temperature propellant plant heating up the refrigerated propellant tanks. However, since the

MLVH configuration is designed to fit the vehicle inside the payload fairing of the Delta launch
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vehicle,spaceavailablefor eachcomponentsis limited. Therefore, components must be allocated

properly, utilizing the space efficiently.

The cross-section of the MLVH is octagonal, and therefore it has eight triangular sections

when it is viewed from above (see Fig. 3.3). The hydrogen tank (the largest tank) with insulation

is located at the center of the MLVH. This is to ensure a well-balanced center of gravity. Two

pairs of equally-sized tanks, employed for methane and oxygen storage, are located symmetrically

around the hydrogen tank so that the center of gravity can be as close to the vertical axis of the

MLVH as possible. In the remaining sections, all of the other components including the propellant

plant, radioisotope thermophotovoltaic generator (RTPV), science instruments, avionics and

control system, and the communication system are arranged to position the center of gravity as

close as possible to the center axis. The parachute, which is jettisoned after its use for initial

landing, is located at the top of the MLVH within a canister. When the parachute is deployed, it

orients the MLVH toward the Martian surface. The outer surfaces of seven sections are covered by

the radiator (see Fig. 3.1). In the section not covered by the radiator, the ground penetrating radar

(GPR) is installed so that it can be folded out of the MLVH for the GPR survey.

3.2.4 Center of Mass

(Takahisa Kobayashi)

The location of the center of mass is important for launch stability and attitude control.

When the center of mass is located on the centeral axis of the MLVH, the difficulties in controlling

the MLVH during the hop are minimized. Also, the Delta launch vehicle requires that the position

of the center of mass of the payload must be less than 1 m from the interface of the payload

adapter.[2] Thus, the MLVH was designed to locate its center of mass as low as possible. The

location of the center of mass varies during the mission because of propellant consumption. The

locations of center of mass and the moments of inertia at the time just prior to the ballistic hop is
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sh_wninTable 3.3. Thesevalueswerefound by thefinite elementprogram,ANSYS 5.0, which

isdiscussedin section3.3.3. Thethreecoordinateaxesareshownin Fig. 3.4.

Table3.3. Centerof massandmomentof inertiaof theMLVH.

Timeof Instant Centerof Mass(m) Momentof Inertia(k_ m2)

BeforetheBallistichop

X Y Z X Y Z

0.009 0.009 0.195 44 51 238

3.3 STRUCTURAL DESIGN
(KeithYang)

The structural designof the MLVH is dependentupon the sizesand massesof the

components,especially the propellant tanks. Each componentwas designedand analyzed

separately.The following sectionsdiscussin detail thetanks,engines,trussframe,andlanding

gear.

3.3.1 Tankage Design
(Igor Turek)

Based on the considerations given in section 3.2.1, the propellant and hydrogen tank

capacities are 141 kg and 16.7 kg respectively. The tank configuration determines the overall

MLVH size, as well as the amount of space available for the other systems and the scientific

instrumentation. Several tank shapes and locations were considered; among them were spherical,

elliptical, and toroidal. Because spherical tanks have the smallest surface area to volume ratiol

these were used for the MLVH propellant and hydrogen storage. The tank configuration and its

analysis is described below.
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Assuminga 5% ullage factor and a fuel to oxidizer ratio of 11.5(seesection 3.4.5),the

volumesneededto storethepropellantandseedhydrogenwerecalculated.Thedensities,storage

pressures,temperatures,andvolumesof thepropellantsandseedhydrogenarelisted inTable3.4.

Table3.4 Storagecharacteristicsof liquefiedgases.

LiquefiedGas Pressure Density Temperature Volume

(atm) (kg/m3) (K) (m3)
Methane 1.0 445.0 90 0.10

Oxygen 1.0 1068.0 90 0.09

Hydrogen 25.0 71.9 23 0.23

Thelimits imposedby theaerobrakeandtheamountof spaceavailablefor theMLVH in the

Delta's fairing forcedour designto usefive sphericaltanks:onefor hydrogen,two for oxygen,

andtheremainingtwo for methane.To avoidcomplexityin theMLVH design,all propellanttanks

havethesamesize;thetankdimensionsaregiven in Table3.5,andthetanks' relativepositionis

shownin Fig. 3.5.

Sincethevehicleis launchedfrom Earthwith itspropellanttanksnearlyempty,andlifts off

from Marswith anaccelerationof lessthanoneEarthg, the wall thicknesses of the methane and

oxygen tanks are determined not by launch loads, but by the hoop stress caused by the pressure of

the stored propellants.

All tanks are made of Weldalite TM aluminum-lithium 049, which has excellent structural

characteristics at cryogenic temperatures [3]; its ultimate strength, yield stress, density, and elastic

modulus are given in Table 3.6 in section 3.3.2. Using the standard formula for the pressure-

induced maximum hoop stress in the spherical tank[4]:
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th - (3.1)
1.5PR

X_ult

whet_e:

t = thickness of tank wall

_utt = ultimate strength

P = tank pressure

R = tank radius

1.5 = safety factor

x = shape factor (x = 2 for spheres)

The required thicknesses of the tank walls were found to be in the order of a fraction of millimeter.

Due to the manufacturing and handling concerns, the thicknesses of all propellant tank walls were

increased to 1 mm. The calculated and actual thicknesses of the methane and oxygen tanks are

given in Table 3.5.

Unlike the propellant tanks analyzed above, the hydrogen tank has to withstand both the

storage pressure and the axial and lateral loads due to the launch from Earth and aerobraking at

Mars. Both the pressure induced hoop stress analysis and the load analysis were treated

_parately. The wall thickness needed for the tank to withstand the given pressure was calculated

using equation 3.1. This tank wall thickness was then used in the f'mite element analysis described

in section 3.3.3. From the results of the finite element analysis, it has been found that it is the

pressure-induced hoop stress that determines the hydrogen tank wall thickness. The calculated

and actual thicknesses are given in Table 3.5.

In order to prevent large shifts of the vehicle's center of gravity during flight, each tank is

divided into four vertical quadrants by a couple of baffles. The baffles have a thickness of 1 mm

and are made of Weldalite" 049. The total mass of each tank is found by calculating the volume of
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each tank external wall and its baffles and multiplying it by the density of Weldalite TM and the factor

_f 1.05 to account for welds. The tank dimensions and masses are given in Table 3.5.

Table 3.5 Tank characteristics (without insulation)

Tank Tank radius (m) Calculated wall Designed wall Mass (kg)

thickness (mm) thickness (mm)

Methane 0.23 0.025 1 5.8

Oxygen 0.23 0.024 1 5.8

Hydrogen 0.38 0.868 1 7.9

All tanks are fastened to the MLVH main structural rings (see section 3.3.2) by a set of

2 cm diameter composite struts. The hydrogen tank is supported by 8 pairs of struts, as shown in

Fig. 3.6, and each methane and oxygen tank is supported by 8 struts. The struts are attached to the

tanks and the octagonal tings by means of pivoted joints. Each strut lies in a plane tangential to the

tank surface, loading the tank only with in-plane forces. The thickness of each tank, at each strut

attachment point, is gradually increased from 1 to 1.4 mm; this enhances the distribution of the

load generated by the composite strut. The composite material used for the tank support not only

provides the tanks' structural integrity, but also enhances thermal performance by minimizing

conductive heat transfer from the tanks to the MLVH structural members.

3.3.2 MLVH Frame Structure

(Matt Hedman, Keith Yang)

The load bearing structure of the MLVH is a frame structure made from aluminum-lithium

2090-T83 tubing. The aluminum-lithium tubes have an outer diameter of 2 cm and a wall

thickness of 2 mm. The frame consists of five octagonal rings that are joined by vertical

connecting members. The thrust structure is positioned immediately below the main frame
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structureanddistributestheconcentratedloadsfrom theengines.The mainframeis illustratedin

Fig. 3.7.

Forgednodesform theconnectionsbetweenall of thetubes. Thesenodesinterfacewith

eachtubeby forming the"male" memberof theconnection.Thetubeendfits aroundtheoutside

of the nodeto form the "female" memberof theconnection.The bondbetweenthe nodesand

tubesis accomplishedvia electromagneticforming. Electromagneticforming is a processthat

entailscoatingthetouchingsurfacesof theforgednodesandtubeswith abondingagentthatjoins

the surfaceswhenanelectric current is run throughit. After the frame has been assembled, a

current is run through the entire structure, and all of the tubes bond to the nodes.

Aluminum-lithium alloys have been used as lightweight, high strength materials for the

tubing of frame structures for mountain bikes. So far, the 2090-T83 alloy has not been used for

tubing applications. However, because of its higher stiffness and better welding properties

compared to other aluminum-lithium alloys, there have been many inquiries into using it for high-

strength tubing. Therefore, Alcoa is tentatively planning to start introducing tubing that uses this

alloy to the market in the near future [5]. The properties of aluminum lithium 2090, as well as the

Weldalite TM used for MLVH tanks, are summarized in Table 3.6.

Table 3.6. Material properties of aluminum lithium 2090 and Weldalite TM.

Material Property Weldalite _* AI-Li 2090**

Yield stress - Oy (MPa/ksi)

Ultimate stress - Cult (MPa/ksi)

Elastic Modulus - E (GPa/ksi)

Elongation (%)

...Density, - p (kflm 3)

* cryogenic temperatures

room temperatures

868/126 545/79

837/122 600/87

79/11.5 78.5/11.4

10.5 12

2710 2570
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The massof the structureincludes the massesof the aluminum-lithium tubes, forged

nodes,tank supportstruts,and equipmentconnectionclamps. Estimatesfor the massof the

equipmentconnectionclampswerebasedon massesgivenfor theCommonLunarLander. The

clampswereestimatedto have15%of themassof eachitemtheyfastento thestructure[6]. Since

the propellant plant, power supply, sciencepackages,avionics, reactioncontrol systemand

communicationequipmentmustall beattachedto themainframe,thetotalmassof theclampsis

37kg. Thetankandengineconnectionsarealreadyaccountedfor with thetanksupportstrutsand

thruststructureframe. Table3.7givesabreakdownof thetotalstructuralmass.

Table3.7 Structuremassbreakdown.

Category Mass(ks)

Aluminum-LithiumTubing

ForgedNodes

TankSupportStruts

EquipmentConnectionClamps

TOTAL

I7

8

10

37

72

3.3.3 Finite Element Structural Analysis
(Igor Turek)

A finite element computer program, ANSYS 5.0, was a primary tool for the MLVH's

structural analysis. The main objective of this analysis was to determine the maximum stresses,

strains, displacements, and a possible buckling failure of the MLVH's structural parts. By

determining the above parameters, the structural elements could be modified to sustain the

maximum expected loads and to be as light as possible. This could be accomplished by selecting

the geometry and dimensions of structural members, so they experience elastic strains equal to or
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lessthan67% of ultimate materialstresses[7]. In addition, compressiveaxial forcescannot

exceed67%of thecritical bucklingforce[7].

The su'ucture,andinertial componentsof the MLVH were representedby anequivalent

mathematicalmodel consistingof a discretenumberof finite structural elements;numberof

elementsis given in Table3.9. TheMLVH structuralpartsandtheir ANSYSmatchingelement

typesaregiven in Table 3.8, which alsoincludes informationabout the numberof nodesand

degreesof freedom(DOF) pernodeusedfor ANSYSelements[8].

Table3.8 ANSYSfinite elementsusedfor MLVH analysis.

MLVH Component Element Type Number of Nodes Number of DOF

Aerobrake SHELL93 8 6

Main Frame BEAM24 3 6

Thrust Frame BEAM24 3 6

Adapter Frame BEAM24 3 6

Tanks SHELL93 8 6

Tank Struts LINK8 2 3

Structural Mass MASS21 1 3

The MLVH structure was examined via static analysis with respect to the four load-

sensitive maneuvers listed in Table 3.9, which also includes inertial and surface/point loads used

for the analysis.
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Table3.9 MLVH finite elementconfigurationsandappliedloads.

MissionSta_,e InertialLoad PointSurfaceLoad # nodes # elements

Launch

Aerobraking

Axial acceleration

Lateral acceleration

All tanks are pressurized

Aerodynamic pressure acting

on the aerobrake's surface,

all tanks are pressurized

2248 1070

2240 1062

Parachuting Mars gravity Point loads at the parachute 1862 784

attachment points, all tanks

are pressurized

Ballistic takeoff Mars gravity Point loads caused by the 1862 776

thrust of the engines; oxygen

and methane tanks are

pressurized

The ANSYS analysis shows, that the MLVH structural configuration, described in section

3.3.2, experiences internal stresses and strains that guarantee safe functionality of the spacecraft at

all stages of its mission. The maximum values of stress and strain for the main MLVH

components are listed in Table 3.10. These can be compared to the MLVH structural material

characteristics given in Table 3.6 in the previous section. The axial forces never exeed the

buckling limits, and the displacements of MLVH's components do not create any conflict with the

surrounding objects; the gap between the Delta fairing wall and the aerobrake - the closest of

MLVH's parts to the fairing wall - narrows from 5.00 to 0.55 cm - under the maximum lateral

loading of 2 Earth g.
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Table3.10 Maximumstressesandswainsexperiencedby theMLVH components.

MLVH structuralcomponent Maximumstreet,(MPa) Maximumstrain(%)

MainFrame 253 7

ThrustFrame 385 4

Tanl,zs 435 8

Composite Struts 286 4

3.3.4 Landing Gear
(Keith Yang)

Once the MLVH deploys the parachute and jettisons the aerobrake, the landing legs are

deployed. The main purposes of the landing gear are to provide stability for the MLVH, a safe

clearance for the main engines from the rocky Martian surface, and minimize shock due to landing.

The entire landing gear is constructed of AI-Li 2090-T83 alloy, the same material as the main

structure frame. Each leg is 1.2 m in length at deployed position and provides an engine-to-ground

clearance of .8 m. This provides more than adequate clearance for the engines, since the average

height of rocks, observed by the Viking missions, is .35 m [9]. With each leg oriented at 45 ° to

the surface, the projected area of the four legs 17 m 2. Also, this configuration allows the MLVH

to be tilted at an angle of 60 ° to the horizontal without toppling.

The landing gear design is a hybrid design adopted from the British Aerospace Vulcan

Fighter's main landing gear design and Viking Lander's design[7, 9]. As shown in Fig. 3.8, the

gear is first extended into position with a screw actuator system. When the screw actuator extends

to its maximum length, a pyrotechnic bolt is activated to release the telescopic strut built within the

screw actuator. This is to further unfold the legs to the desired angle. After the leg is fully

unfolded to its design angle of 45", another pyrotechnic bolt is activated to release and extend the
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h_werpart _f the leg, as shownin Fig. 3.8. There is a spring-typeshockabsorptionsystem

locatedat the ankle of each leg. Springshockabsorbersareusedinsteadof pneumatic-types

becauseof thelighter massandsimplicity. Also,steelspringsdonot posetheproblemof freezing

up inspaceasdo rubbertypeshocksystems.

To determinethesizingof thegear,a landingforce of 10Martiang's wasassumed.For

the MLVH with a landing massof 456kg, the maximumforce the landinggearexperiencesis

18,300N. Becauseit is not for certainthattheMLVH will landonall four legsat thesametime,

eachlegmostbesizedto withstandthemaximumimpactloadof 18,300N. This forcevalue,with

a safetyfactor of 1.5,wasthevalueusedto dimensionthelegsto withstandyielding from axial

andbendingcompressionandbuckling.

To determinethecriticalbucklingloads,Eulersequationfor beambucklingwasused[7].

7r2E/
PCr= (3.2)

le 2

where:

C/"

E =

I =

=

Critical buckling load

Modulus of elasticity

Moment of inertia of beam column

Equivalent Length

Using the above equation, the diameter of the bottom portion of the leg was determined.

With the given properties of the AI-Li 2090-T83 and assuming the boundary conditions of the

lower telescopic leg (one end pinned and one end fixed), the outside diameter of the tube necessary
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to resistbuckling during landing was calculated to be 3 cm with a wall thickness of 2 ram.

calculate the wall thickness of the upper strut, the following equation was used:

F
(Yult = i

A

where:

_ult =

1.5 =

F =

A =

Ultimate yield stress

Factor of safety

Force applied to tube

Cross-sectional area of tube

To

(3.3)

With the above equation and _ult value of 600 MPa for A1-Li 2090-T83, the resulting outer

diameter of the tube was 1 cm with a wall thickness of 2 mm. To determine if the leg will

withstand the bending stresses upon landing the following equation was used:

MR

O'y = ----_ (3.4)

where:

Cry = Bending stress

M = Bending moment

R = Radius of tube

With the legs oriented at 45* with a length of 1.2 m, the minimum outside diamter of the leg

was calculated to be 6 cm with a wall thickness of 2 mm. Thus, the minimum sizing for the leg's

outside diameter was 6 cm with a wall thickness of 2 ram. Including the screw actuators and the

shock absorbers, the mass of each leg was then calculated to be 4 kg each. The total resulting

landing gear weight was 16 kg.
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3.4 METHANE ROCKET

(Daniel Paxco)

The MLVH uses LCH4/LOX rockets (Fig. 3.9) for all of its maneuveling upon arrival to

Mars. Although no such engines are currently in existence, their theory and design are well

understood. In-depth research in light hydrocarbon rocket engines has been conducted since 1965

[10-12]. The performance and behavior of methane engines in particular has been studied

extensively by Pratt & Whitney, Aerojet, and Rocketdyne. Fuel-oxidizer combinations such as

FLOX]LCH4 and LOX/LH2FLCH4 have been proposed in order to raise the specific impul_ of the

engines, but are not considered in this paper. Fluorine would have to be imported from Earth,

which violates the spirit of the mission, and any hydrogen brought along will be better utilized in

the production of methane and oxygen.

The constraints that the MLVH rocket design must satisfy are:

• Oxidizer to fuel mass ratio of 2:1

• Total thrust of 11 kN for ballistic hop

• Ability to restart

• Throttlability

• Engine-out capability

Although a LCHn/LOX burning variation of the Pratt & Whitney RL-10 engine has been

proposed [12], the level of thrust provided by this engine is unsuited to this mission. The ideal

oxygen to fuel mass ratio (O/F) is 3.5:1 [12]. Unfortunately, the PPP is only capable of providing

oxygen and fuel in a 2.0:1 mass ratio. Thus, the MLVH requires the design of low thrust (625 lbf)

engines specifically intended for fuel-rich combustion.

3.17



3.4.1 Engine Overview

The MLVH requires 11,000 N of thrust for its initial landing, as well as for its subsequent

ballistic jumps. It was decided that this mission would use 4 separate engines, each capable of

developing 2750 N of thrust, to meet this requirement. This four-engine configuration allows ease

in thrust vectoring and also provides engine-out capability in the event that one of the motors fail.

The MLVH rockets are regeneratively cooled and operate on an expander cycle, being based in

concept largely upon Pratt and Whitney's RL- 10 series of rocket motors. The MLVH rockets will

use liquid methane as the regenerative coolant, since it has good heat transfer characteristics and

would be less of a deu'iment to the engine integrity than liquid oxygen.

A major concern that was raised in the design of the engines was the possibility of soot

formation during operation due to the fuel-rich equivalence ratio. It turns out that this can be

avoided if the fuel mixture is adequately mixed at equivalence ratios within up to 5% of the fuel-

rich extinction point [13]. In addition, computer simulations run with the NASA CET-89

combustion code indicate that the performance drop resulting from fuel-rich operation is small, due

in part to the lower average molecular weight of the combustion products.

3.4.2 Pre-Existing Technology

Project Genesis utilizes pre-existing technology wherever possible in order to lower

development costs and ensure component reliability. This rocket design is based heavily on the

Pratt & Whitney RL-10, a regeneratively cooled, expander cycle engine with an excellent

performance record.

The turbopumps used by the engine do not exist, but could be designed with little

difficulty. A conventional LOX turbopump can be configured for the MLVH engines without

difficulty, and a working methane turbopump, although to large for engines this small, was

produced by Rockwell International in 1989 [12].
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Manyconventional rocketdesignsutilize copperasan inner lining for the rocket thrust

chamberdueto its high thermalconductivity [14, 15]. Unfortunately,CH4 has a tendency to

erode copper surt'aces at high temperatures. A graphite-lined regeneratively cooled chamber using

LOX/LCH4 was constructed and is described as having worked, "very successfully in the test

program...".

Another possible design would use a pressure fed, rather than turbo pump driven, engine

system. This type of design is not uncommon in engines in the 600 to 1000 lbf thrust range. This

configuration would be much simpler to design, but requires an additional supply of helium to be

used as a pressurant, as well as heavier fuel and oxygen tanks in order to resist the increased tank

pressure. A precombustor stage would also be required, but would be compensated for in terms of

additional mass by the absence of the turbopump system.

The last design consideration presented here is the nozzle contour. Three major

possibilities were considered in the determining the geometry of the thrust chamber; conical, bell-

shaped, and parabolic. The conical nozzle is the simplest to implement, but tends to be the longest

of the three options. The bell nozzle offers a shorter thrust chamber at a higher efficiency, being

designed specifically with the intent of avoiding the formation of normal shocks in the nozzle.

This design is much more complicated than the conical nozzle design, requiring the use of the

method of characteristics. The nozzle contour immediately upstream of the throat is a circular arc

with a radius of 1.5 times the throat radius (Rt) [15]. The divergent-section nozzle contour is made

up of a circular entrance section with a radius of 0.382.Rt This throat configuration is depicted in

Fig. 3.10 The resulting engine design has an overall height of 25 cm.

3.4.3 Engine Operation

A schematic of the engine layout appears in Fig. 3.11. During operation, liquid methane

and oxygen are directed from the fuel tanks through a pair of shut-off valves and into their
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respectiveturbopumps. The liquid methaneis passedthroughthe tubescomprising the trust

chamber and operates as a regenerative coolant. This boils the methane, 90% of which is then

passed through a low pressure turbine after exiting the cooling jacket. The turbine is used to drive

the two turbopumps, which are used to raise the pressures of the incoming fuel and oxidizer

streams. The remaining 10% of the methane is injected into the turbine exhaust flow prior to

injection into the combustion chamber, igniting the fuel mixture and eliminating the need for a

precombustion stage in the engine. The injector system uses shear layer interaction to mix the fuel

and oxygen. In light of the RCS failure suffered by Clementine, the MLVH maneuvering system

is designed to take advantage of the multiple engine configuration. In the event of RCS failure the

thrust is varied by turning individual engines on or off and by throttling all the engines over a

relatively narrow range. This activity gives the MLVH redundant control along two spin axes.

A schematic of the pressure-fed version of the MLVH engines appears in Fig. 3.12. High-

pressure helium is pumped into an inflatable elastomeric spherical bladder prior to launch,

pressurizing the propellant tanks to 1700 psia. A small fraction of the propellant is diverted to an

igniter. This propellant is then fed into the combustion chamber, where it ignites the remainder of

the fuel/oxider stream. Although this system does not allow for engine throttability, it compensates

for it in simplicity.

3.4.4 Fuel-Rich Combustion

The two major concerns associated with fuel-rich combustion are the formation of soot and

any compromising effect on engine performance. Research on carbon deposition due to the

burning of hydrocarbon fuels has indicated that methane generates about 30% less solid carbon by

weight than RP-1 [ 12]. Additional work has shown that LOX/CH4 gas generators have no carbon

deposition at O/F mass ratios between 0.2 and 0.6. This corresponds to a maximum fuel/oxidizer

equivalence ratio of 10. The rockets designed for the MLVH will be operated at an O/F mass ratio

of 2:1, corresponding to a fuel/oxidizer equivalence ratio of 2.0. Thus, no sooting will occur.
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The NASA CET-89 combustion code [16] was used to simulate oxygen-methane

combustionat a pressureof 750 psia under ideal, stoichiornetric, anddesignconditions. The

combustionproductspredictedbythesetestsappearin Table3.I I below. As can be seen from the

table, virtually no change in the amount of carbon present is in evidence.

Table 3.11 Methane rocket combustion products by mole fraction, for various O/F ratios

(Pc=750 psia, Toxygen=Tmeth,,me = i 20 K)

Component Ideal: (3.5:1) Stoichiometric (4:1) Design (2:1)

H20 0.459 0.449 0.295

CO 0. 178 0.143 0.297

CO2 0.121 0.139 0.0357

H2 0.0827 0.0566 0.366

OH 0.0800 0.0943 0.00121

02 0.0348 0.0707

H 0.0289 0.0239 0.00550

O 0.0160 0.0228 0.00001

HO2 0.00016 0.00027

H202 0.00002 0.00003

HCO RAD 0.00001 0.00001 0.00001

C <5 x 10.6 <5 x 10 .6 <5 x 10.6

The combustion pi'oduct distribution of the ideal (3.5:10/F ratio) reaction appears in

Fig. 3.13. A similar representation of the design reaction appears in Fig. 3.14. These predictions

have been qualitatively corroborated by preliminary experimental research performed at the

University of Washington. A small methane-oxygen rocket engine was developed and tested at

various O/F mass ratios. No noticeable soothing was observed throughout the testing range.

Appendix B describes this work.
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3.4.5 Engine Design

Expander cycle rockets are impractical at combustion chamber pressures above 1100 psia

(7.58 MPa). For this reason the rocket was designed to operate at a chamber pressure of 750 psia

(5170 kPa), ensuring a relatively high thrust from a compact engine. The thrust of the rocket can

be calculated from [17]:

where:

T=CFPoAt (3.5)

T

Po =

A t =

Thrust

Coefficient of thrust

Chamber or stagnation pressure

Nozzle throat area

The coefficient of thrust can be calculated from the following relation [17]:

C F
l r+ll- r-l]

[_S/(_+/)It-' [ 1-[,-_c) J(Pel--(-+Pe-PaaepcAt

(3.6)

where: 'y --

ee -

ea -

A e -

specific heat ratio, Cp/Cv

Pressure at nozzle exit

Ambient pressure

Nozzle exit area
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The exhaustpressureof the rocket is a function of thenozzleareaexpansionratio. The

conditionsof theproductgasesin thecombustionchamberhavebeencalculatedusingtheCET-89

codeandarelistedin Table3.12.

A plotof thevariationof combustion temperature and the average product molecular ma_,_

as a function of appears in Fig. 3.15. The variation of Cp and _, appears in Fig. 3.16.

Table 3.12 Combustion product characteristics as a function of equivalence ratio.

O/F mass ratio 3.5:1 2:1

Chamber pressure (psi, kPa) 750 (5170) 750 (5170)

Chamber temperature (K) 3591 2737

Molecular weight of product gases (kg/kmol) 21.49 15.96

_,, Specific heat ratio of product gases 1.13 1.218

Gas constant (R) of product _gases (J/k g-K) 386.7 521.0

The MLVH rocket engines have a design nozzle area expansion ratio of 50:1. This

expansion lowers the product gas pressure from 5170 kPa to 3.6 kPa at the nozzle exit. The

coefficient of thrust is 2.0, and thus a nozzle throat area of 282 x 10 -6 m 2, i.e., a throat diameter of

1.90 cm is required for a thrust of 2750 N. The exit area is 14.1 x 10 -3 m 2 and the exit diameter is

0.134 m.

The exhaust velocity of the combustion products can be determined from the following

relation [ 17]:
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where:

V e II ]
exhaust velocity

combustion chamber temperature

(3.7)

This can be used in turn to derive the specific impulse, which is equal to the exhaust

velocity divided by the Earth's gravitational acceleration. The design yields a specific impulse of

344 sec. For completeness, the variation of Isp with O/F mass ratio appears in Fig. 3.17. As can

be seen, the lsp, although reduced, is still high enough to the do the job required for the mission at

an O/F ratio of 2.0:1.

3.5 REACTION CONTROL SYSTEM
(Takahisa Kobayashi)

The attitude of the MLVH at any instant during its flight must be controlled by orienting its

direction as specified by the avionics computer, and this is done by the reaction control system

(RCS). There are a number of techniques available for attitude control, and the one which meets

the mission requirements best must be selected. Passive control techniques, such as gravity-

gradient control, use the inertial properties of a vehicle in a planet's gravity field to point the vehicle

toward the center of a planet. Spin stabilization, another passive control technique, rotates the

entire vehicle so that its angular momentum vector remains approximately fixed in inertial space.

Three-axis controls are a more common technique, in which the control torques about the three

axes are provided by combinations of momentum wheels, reaction wheels, thrusters, or magnetic

torquers.
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Among thesetechniques,the three-axiscontrol techniquewaschosen,becauseit is the

mostversatilefor frequent reorientation. Also three-axiscontrol, coupledto a startrackerand

gyros, is indispensablefor a control accuracyof less than0.001° [1]. Three-axiscontrol is

accomplishedby anall-thrustersystem.

3.5.1 Thruster selection

There are many different types and sizes of RCS thrusters availiable off-the-shelf. In order

to select the proper thrusters, the following criteria was used:

• Thrusters must provide sufficient thrust to achieve desired angular accerelations

• Thrusters must be simple and reliable

• Thrusters must have low mass and high specific impulse

• Propellant must be storable during the mission

First of all, the thrust levels and thruster locations must be determined so that the torque

capability of the RCS is large enough to counterbalance disturbance torques and control the attitude

at a sufficient rate during maneuvers. In order to do so, all outside and inside disturbance torques

and control torques must be considered. The outside disturbance torques include gravity gradient,

solar radiation, magnetic field, and aerodynamic torques, while internal disturbance torques stem

from uncertainty in center of gravity, thruster misalignment, and oscillatory behavior of flexible

bodies in the vehicle. However, these disturbances are relatively small when compared to control

torques needed to orient the vehicle to the correct direction during the sequence of events. Thus the

sizing of thrusters was determined on the basis of control torques needed. To provide the

capability of controlling the vehicle in any direction, including translational, rotational, and slewing

maneuvers, a total of twelve thrusters is located symmetrically on the exterior of the vehicle, as

shown in Fig. 3.18. In addition, four RCS engines are located at the top of the MLVH to be used
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for tile aerocapturemaneuver,andtheymustbecapableof reducingthespeed¢_fthe MLVH by

41.)m/see. The sixteenthrustersare identical to reducecosts,andthree typesof RCSengine

modulesareshownin Fig. 3.19.

Thestepsusedto determinethethrustlevelfor attitudecontrolareasfollows:. First, it was

assumedthat 180° of slew maneuverduringtheballistichop wouldbemadein 30sec,while 5%

of that time is neededfor accelerationanddeceleration.Then,angularrotation would be6*per

sec.,andthis is lessthanthesaturationpoint (8°persec.)at whichthegyro issaturatedandloses

all senseof rate and control [18]. Next, the angular accelerationwas approximatedby the

following equation:

where:

0 = _0 (3.8)
t

0 = average angular velocity

t = time

Since the angular rate of 6 ° per sec. is reached within 5% of 30 sec., which is 1.5 sec, the

angular acceleration is found to be 4°Is 2. Finally, the thrust level of the thrusters is calculated

from:

where:

T = -- (3.9)
2L

L .,..

Thrust of each thruster

Moment of inertia of the MLVH about axis in question

Moment arm of the thruster
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In orde," to account the aerodynamic effect during the ballistic hop, the moment of ine,'tia of

the MLVH about x or y axis was assumed to be 60 kgm 2 (see Table 3.3 for the actual moments of

inertia). Setting the moment arm of the thrusters to be 0.34 m from the center of gravity, the thrust

level needed was found to be 62 N. Among many existing thrusters which can provide at least

62 N and satisfy the criteria mentioned previously, the monopropellant hydrazine (N2H4) rocket

engine was selected. Olin Aerospace Co. in Redmond, WA manufactures a hydrazine thruster,

MR I20, capable of thrust from 40 to 111 N, which is well suited for this mission. It has the

dimensions of 0.15 m in length and 0.041 m in the maximum diameter and requires 45 We of pulse

power. Its specifications are shown in Table 3.13. When the control system signals for thruster

operation, thrusters will fire in short pulses of several milliseconds or in longer duration steady

state mode.

Table 3.13 Characteristics of monopropellant hydrazine rocket engine.

Nominal Thrust Specific Mass Number of Total Mass

Thrust (N) Range (N) Impulse (sec) (kg) Engines (k_)

62 40 - 111 220-230 0.409 16 6.54

3.5.2 Hydrazine requirement

Monopropellant hydrazine is the most widely used type of propellant for spacecraft attitude

control because of its excellent handling characteristics. Hydrazine is relatively stable under

normal storage conditions.

The amount of hydrazine needed for attitude control depends on the duration of RCS

operation and is determined by the following equation:
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m "-

Ispg

(3.10)

where:

m = mass of hydrazine

T = thrust of each engine

t = total pulse length

Also, the amount of hydrazine needed for aerocapture is found from the equation:

(3.11)

where: AV =

Mi =

Mp=

40 m/s

mass of the MLVH before the aerocapture

mass of propellant needed for the aerocapture

Assuming the minimum specific impulse of 220 sec., 1.44 kg of hydrazine is employed for

attitude control and 12.08 kg of hydrazin e is consumed for the aerocapture, both of them including

5% of ullage and 5% of contingency. With this amount of hydrazine, approximately 50 s of

continuous attitude control is available.

Finally, the hydrazine is stored in a titanium tank, reinforced by a diaphragm, onboard the

MLVH. The shape of the tank is spherical with dimensions of 0.327 m in diameter and wall

thickness of 0.58 ram. The masses of hydrazine and titanium tank are shown in Table 3.14.
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Table3.14. Hydrazineandtitaniumtankcharacteristics.

Hydrazine

Mass(k_z) Density(kz/m3)

15 1000

TitaniumTank

Mass(k_) StorableVolume(,n.a)

2.72 0.015

3.6 AEROBRAKE DESIGN

(Matt Deger)

Aerobraking is a crucial part of the mission scenario in maximizing the payload deliveled to

the surface of Mars. Studies have consistently shown that an aerobrake provides enough

deceleration in the Martian atmosphere to increase the payload significantly over an all propulsive

landing [19]. Raked cone, biconic, and symmetrical cone aerobrake configurations were

considered for this mission. In order to reduce aerodynamic heating rates and increase the capture

window, it is desirable to have an aerobrake that generates lift [20]. However, higher lift to drag

ratios (L/D) mean increased aerobrake mass [21]. It was determined that a symmetrical cone

design at angle of attack is best suited to provide the necessary lift required, while still maintaining

a low aerobrake weight and effective packaging of the spacecraft in the Delta fairing.

3.6.1, Aerobrake Geometry

(Matt Deger)

The aerobrake geometry chosen is a symmetrical 140" cone as shown in Fig. 3.20. In

considering the best possible choice of designs to maximize the payload mass, while still fitting the

MLVH and aerobrake into the Delta fairing, the symmetrical cone best suited our mission

requirements. A biconic aerobrake was dismissed due to the larger mass fraction this style

demands [21]. A raked cone configuration, on the other hand, generally offers lower mass with
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reasonableL/D values(0.3 - 0.5), but requiresan unfl_rttmateamountof spaceto effectively

packagethe MLVH into the Delta fairing. In addition, skirt and ballute configurationswere

dismissedfi_rtheirdeploymentcomplexityandlackof provenreliability.

The diameterof the'aerobrakeis 2.7m with a noseradiusof 0.5 in andanedgeradiusof

0.2 m. The edge and nose are rounded to reduce local heating, which is discussedin

section3.6.4. This givestheconea cross-sectionalareaof 5.7 m2 and a surface area of 6.1 m 2.

The center of mass of the aerobrake is 0.35 m measured fi'om the nose along the symmetrical axis.

The aerobrake provides a coefficient of drag (Cd) of 1.4 and a lift to drag ratio (L/D) of 0.18 at a

20 ° entry angle of attack. The aerobrake is attached to the bottom of the MLVH as discussed in

section 3.6.2. It is necessary to extend the structure of the MLVH downward by 0.2 m so that the

aerobrake does not interfere with the engines protruding from the bottom of the MLVH.

3.6.2 Aerobrake Structure

(Matt Deger)

The aerobrake is connected to the MLVH with AI-Li 2090-T83 alloy tubing, the same as

used on the MLVH structure. Since the detachment of the aerobrake is critical in the landing

procedure, the number of connection points had to be kept low. There are eight connection points

to the bottom of the MLVH, four on the outer ring and four on the inner ring, as shown in

Fig. 3.2 I. They are attached at radii of 1.23 m and 0.47 m, respectively. The connection points

on the inner and outer tings are staggered to eliminate vibrational instabilities. The structure holds

the back plane of the aerobrake 0.1 m below the largest MLVH octagonal structural ring.

The tubes are pinned to the polyimide-graphite (PI-GR) backing by means of an adapter

plate as shown in Fig. 3.22. There are two tube members at each connection point pinned at 45*

angles to distribute the aerodynamic loads. The thickness of the PI-GR backing is tripled at the

connection points to 6 mm to prevent local failure. Figure 3.22 also shows where the pyrotechnic

bolts are located for the separation before landing. The connection tubes are joined at this bolt
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which is placedbelowtheoctagonalMLVH joint. This is doneto ensurethatthemainstructureis

notcompromisedwhentheboltsblow.

3.6.3 Thermal Protection System

(Matt Deger)

The low Mars entry velocity of this mission (5.9 km/s) means that aerodynamic heating is

almost entirely in the form of convective heat transfer [22]. Therefore, it is unnecessary to use

ablative materials in the design of the thermal protection system (TPS). The TPS uses an emissive

surface coating and insulation to reduce heating to acceptable levels. The TPS cross section can be

seen in Fig. 3.23.

The TPS consists of a Refractory Cured Glass (RCG) emissive coating which serves to

radiate most of the heat flux out into the atmosphere [23]. The insulation used is a Fibrous

Refractory Composite Insulation (FRCI-12) which is lightweight and has a low thermal

conductivity of 0.1670 W/m-K [24]. A Nomex strain isolation pad is required to relieve the strains

encountered by the FRCI - 12 tiles due to the high temperature gradients.

The TPS is supported by a sandwich backing designed to support transverse moments as

well as bending moments. The sandwich is made up an Aluminum - 2024 honeycomb core

(20 mm thick) and two sheets of PI-GR (2ram thick) to give it bending stiffness [20]. All layers

of the TPS and support structure are bonded together with RTV - 560 adhesive. Table 3.15

shows the breakdown of the density, mass, thickness, and allowable heat load of each component.
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Table3.15 Thermalprotectionsystemandsupportingstructure.

RCG

emissivecoating
(e= 0.85)

FRCI- 12

compositeinsulation

NomexSIP

strainisolationpad

PI-GR

polyimide-graphite
facesheets

Aluminum-2024

Honeycombcore

Density Mass Thickness
(kglmj) (kg) (mm)

1666 4.3 0.25

Maximum
Allowable

Temperature(K)

192 79.1 40 2701

86.5 2.7 3 717

1550 16.0 1 450

56 17.3 30

RTV-560 1410 14.5 1

adhesive
561

3.6.4 Aerodynamic Heating and G-Loading
(Matt Deger)

The heating that the aerobrake receives during capture into the Martian atmosphere is

calculated using simplified equations of motions [24]. The MLVH at entry into the Martian

atmosphere has a ballistic coefficient (B = m/Cd.A) of 78 kg/m 2 calculated from its 625 kg mass,

5.7 m 2 area, and a Cd of 1.4. The nose radius of the aerobrake is 0.5 m and the entry velocity is

5.9 krrds at an altitude of 300 km. The maximum stagnation point heating rate is 27.6 W/cm 2 and

occurs at an altitude of 50 km. The average heating occurring at this altitude over the entire
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aen_brakeis II W/cm2 1251. This heating rate, along with the maximum allowable temperature

limit tbr the epoxy, sets the required thickness of the insulation discussed in section 3.4.3 126].

The symmetrical aerobrake is designed to enter the atmosphere at a 20* angle of attack.

This creates a 45 ° wake angle as measured from the bottom plane of the MLVH [27]. The heating

produced from the wake is a potential show stopper and is the main driver in the low profile design

of the MLVH. This can be seen in Fig. 3.24.

The g-loading due to atmospheric entry is the largest load the aerobrake must undergo and

is theretbre critical to the design of the structure. The maximum deceleration the aerobrake

experiences is 118.5 m/s 2. This corresponds to a deceleration of 12 Earth g. The MLVH

experiences a terminal velocity of 366 m/s just before it is jettisoned at an altitude of 7.8 km.

3.7 PARACHUTE

(Francisco Garcia Acosta)

After the aerobrake is jettisoned, a parachute is deployed until terminal propulsion ignition

(retrorockets) is started. The purpose of the parachute is, of course, to decelerate the MLVH and

to stabilize the MLVH flight by reducing the relative angle between the flight path and the local

vertical. The parachute decelerates the MLVH from a velocity of approximately 300 m/s (8 km of

altitude) to a velocity of about 73 m/s (1.6 km of altitude). When the deceleration of the parachute

is completed, an automatic detachment separates the parachute from the MLVH.

The parachute selected for Project Genesis is the disk-gap-band design as shown in

Fig. 3.25 [28, 29]. The design is the same as that successfully used in the Viking missions.

However, the material used for the parachute fabric is not nylon but Kevlar-29 (see section 3.7.4).

The diameter of the parachute is 12 m, and it is packed in a Teflon deployment bag located in a

canister on the top of the MLVH, as shown in Fig. 3.1. The MLVH hangs from the parachute by

50 suspension lines having a total length of 30 m.
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3.7.1 Parachute Configuration

Several factors were taken in consideration before selecting the final configuration.

General aerodynamic characteristics such as the parachute drag coefficient (Cd), dynamic pressure,

atmospheric density, Math number, as well as the physical properties of the parachute fabric,

(average angle of oscillation, material type, strength, porosity, shape and size). Present designs

offer a wide variety of configurations but as stated earlier the disk-band-gap design is the only one

which is able to withstand the harsh conditions of the Martian environment.

The disk-gap-band design was developed by the NASA-Langley Research Center [30].

The design is intended to operate at a very low dynamic pressure and supersonic speeds. The

parachute is designed to have better stability than conventional designs used in high density and

low speed situations. As seen in Fig. 3.26, the canopy is constructed as a flat, solid circular disk

and a cylindrical band separated vertically by an open space.

A gore (the radial sections into which a parachute is divided) consists of a triangular top

and rectangular bottom. The disk, gap, and band areas are 53%, 12%, and 35% of the total area

(So), respectively. Table 3.16 [30] shows some of the geometric characteristics of the parachute.

The value of the nominal diameter (Dn) is computed as the actual three-dimensional canopy

constructed diameter length. So is the area of the circle whose diameter is DD. The disk diameter

of the parachute (Dd) is the one projected on a planar surface.

3.7.2 Deployment System

When a parachute is performing on Earth, a secondary or drogue parachute is commonly

used to extract the deployment bag in which the main parachute is contained. However, the low

density of the Martian atmosphere will not provide enough impulse for such an operation. A
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reliablemeansfor impartingenoughvelocity to the parachutebag to ensureits deploymentis a

mortar.

Table3.16 Parachutegeometricandperformancecharacteristics.

Item Value RelativeValue

NominalDiameter(Dn)

DiskDiameter(Dd)

TotalArea(So)

DragCoefficient

AverageAngleof Oscillation

Numberof SuspensionLines

Lengthof SuspensionLines

TotalMass

17m 1Dn

12 m 0.776 D n

230 m 2 (n/4) Dn

0.57 --

+10 ° to +15 ° --

50 --

30 m 1.7 Dn

20 k_z --

The parachute, which is in its deployment bag, is located in a mortar canister located on the

top of the MLVH. When the on-board sensors detect the selected altitude, the mortars charge is

activated and a sabot ejects the bag out of the canister. A shield protects the fabric from the hot

gases generated by the burning charge. The mortar is designed to jettison a mass of 20 kg at a

velocity of 30 m/s. Components to be ejected include the parachute assembly, deployment bag,

cover, and sabot. The main sequences of the parachute deployment are:

• Explosive nuts are f'ned

• Cover case is removed

• Mortar fired

• Bag is released

• Suspension lines are stretched

• Canopy initial inflation.
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3.7.3 Deployment Bag

A deployment bag provides a controlled, incrernentai., a,ld orderly deployment of the

suspension lines and the canopy as the bag separates from the payload. Teflon cloth of density

7 g/m 2 is used for the deployment bag.

The primary advantages of using a deployment bag are:

• The drag area of the deployed parachute mass is minimized, which reduces the snatch

load.

• The canopy is more correctly placed relative to the payloa.d at the start of the opening

process, which reduces parachute malfunctions

• Friction damage to the canopy of suspension lines from ribbon or line rubbing is reduced

because of the protection afforded by the bag and associated line ties.

3.7.4 Parachute Material

Improvements over the last decade in textile fibers used for parachute fabrics have

contributed significantly to the design of lighter and smaller volumes for parachute compartments.

One of the great contributions was the development of Kevlar. The use of this material greatly

improved greatly the available strength and the useful temperature range of parachute fabric.

Table 3.17 illustrates the major differences between several materials used in the construction of

parachute fabric [30].
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Table3.17 Comparisonof variousparachutefabricmaterials.

Nylon
RuptureStrength(10-6psi)

90-130
RuptureElongation(%)

15-25
50%Room-Temperature
Strength(°F) 350

Initial TensileModulus(10.6psi)
0.6

TorsionalShearModulus
( 10-6psi) 0.004

Polyester Nomex Kevlar29

100-140 90 350-400

12-20 15-20 4

400 5OO 55O

1.8 2.5 10.5

0.008 0.17 0.27

After reviewingthedata,it is seenthat Kevlar is afiber thatexhibitsvery goodstrength.

Becauseof its excellentthermalandmechanicalproperties,Kevlar-29wasselectedasthematerial

to constructtheparachutefabric for ProjectGenesis.It hasbeendemonstratedin severaldesign

applicationsandmanyflight teststhatKevlar-29canbeusedsuccessfullyfor critical applications

whereparachutesmustenduresupersonicvelocities,and wherehigh temperaturesresult from

aerodynamicheating. In addition,Kevlar_-29canwithstandthe effectsof heatsterilizationand

denselypackedstorageuntil theparachuteisdeployedin theMartianatmosphere.

3.8 MASS INVENTORY

(Igor Turek, Matt Hedman)

Table 3.18 lists the Earth launch masses of the major components of the MLVH. The mass

of the upper stage launch adapter is not included. The total mass of the vehicle is well within the

Delta launch vehicle's limitation of maximum payload (I000 kg) to be sent to Mars with a C3 value

of 10 km2/sec 2. Because the total mass is 610 kg, the C3 capability is increased to

30 km2/sec 2 [1], thus opening the possibility of a faster and therefore a higher energy transfer

trajectory.
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Table3.18 Launchmassbt_eakdown.

Component Mass(kg!
Structure 72

LandingGear 16
Aerobrake 95

Parachute 20

LandingPropellant 20

OxygenTank 7
MethaneTank 7

HydrogenTank 16

Hydrogen 17
PPP 50

PowerSupply 55
Science 8

Engines 25

Avionics+ Computers 85
RCS 25
Communications 25

MassGrowth 82

TOTAL 625

3.9 CONCLUSION
(KeithYang)

For theproposedunmannedmissionto Mars,themain objectiveis to demonstratein situ

propellant technology. As a part of this technology demonstration, the MLVH is propelled by four

LOX/CH4 rocket engines. These engines have not yet been developed, but research has been and

is presently being conducted. A working prototype could be built in a short time. The MLVH

design has the capability of acting as a Mars lander and a Mars surface explorer (hopping vehicle).

During the ballistic hops, the MLVH carries with it an array of scientific instruments. These
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instrumentscan collect a significant amount of data in twa different regions separatedby

approximately30kin.
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NOMENCLATURE

A

Ae

At

B

BR

ca

Cr

0

D

Dn

DOF

E

F

FRCI

GPR

I

L

L

Le

LMR

LOX

M

ml'P._

Nozzle exit area

Throat area

Ballistic coeficient

Ballistic hop range

Coefficent of drag

Coefficient of thrust

Angular velocity

Angular acceleration

Drag

Disk diameter

Nominal diameter

Degrees of freedom

Modulus of elastivity

Force

Fibrous Refractory Composite Insulation

Specific heat retio

Ground penetrating radar

Moment of inertai

Lift

Moment arm

Equivalent length

Landing mass ratio

Liquid oxygen

Bending moment
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n!

Mi

MLVH

M,
MR

P

Po

e.

Per

Pe

PI-GR

PPT

P

R

RCG

RCS

RTPV

SO

crutt

%

T

t

To

th

TPS

Ve

X

M _lss

Initial mass

Mars Landing Vehicle/Hopper

Propellant mass

Mass ratio

Pressure

Combustion chamber pressure

Ambient pressure

Criticall buckling pressure

Nozzle exit pressure

Polyimide graphite

Propellant production time

Density

Gas constant

Refractory Cured Glass

Reaction Control System

Radioisotope thermophotovoltaic generator

Total area

Ultimate stress

Yield stress

Thrust

Time interval

Combustion chamber temoerature

Thickness of tank wall

Thermal Protection System

Exhoust velocity

Shape factor
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Fig. 3.1 Mars Landing Vehicle and Hopper.
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Fig. 3.3 Cross-section of MLVH.
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4.1 INTRODUCTION

(M_u'k Matheson)

This chapter describes the major electronics components of the mission. Section 4.2 is an

overview of the avionics system, which includes guidance, navigation and control and tracking

subsystems. Because these systems require the most computer usage, the avionics system also

includes the main computers and data management and storage subsystems. The communications

system is discussed in Section 4.3. Section 4.4 gives the mass, power and cost breakdowns of the

systems included in this chapter.

4.2 MLVH AVIONICS

(Jason Andrews)

One of the crucial aspects of the proposed mission scenario is the avionics and controls

package. The avionics consists of an autonomous system responsible for the safety of the MLVH

during entry, landing, and subsequent hops. During the Earth to Mars flight most of the MLVH

operations are directed by ground controllers on Earth. Navigational data from star and sun

sensors located on the spacecraft transmit back to aid the ground personnel [1].

Once the MLVH reaches Mars, the spacecraft operates on a much faster time scale making

human-in-the-loop control impossible. On board systems will guide and control the lander during

aerobraking, entry, descent, and, most critically, final touchdown. The mission scenario requires

a controlled soft landing in a region of unknown geological topography. Furthermore, a system of

this type is not able to rely on a global positioning system (GPS) to determine landing location or

flight attitude. The avionics package is responsible for the MLVH during the subsequent 30 km

ballistic hop; in which the craft takes-off and reaches altitudes of 12 km before turning around and

making a soft landing in a different region of potentially rough terrain.

The design of a fully autonomous system capable of performing the above task may appear

daunting. The authors would like to point out that the current testing program outlined by the

MacDonald Douglas Company for the DC-X proves such a scenario is possible [2]. The DC-X
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will re-enterandperforman upper aunospheric turn maneuver befi,re landing softly at a designated

point. The current test program outlined by MacDonald Douglas requires the DC-X to

anto,lomously take-off and climb to 20,000 ft before turning around and landing. This technology

demonsu'ation is vital to the success of this, as well as future, planetary exploration missions. The

DC-X avionics package consists of a radar altimeter, inertial GPS, and gyro_opes. The MLVH

uses a similar package but does not have the advantage of a global positioning system.

q

The proposed avionics package combines features of the DC-X and the Clementine

spacecraft, as well as concepts for the Common Lunar Lander. The spacecraft avionics and control

system can be divided into three different subsections: Guidance, Navigation and Control; Data

Management System (DMS); and Communications and Tracking. The instrumentation

incorporated into the MLVH for navigation guidance and control, is also used as scientific

instruments to minimize the cost of development and to decrease the total mass of the spacecraft.

4.2.1 Guidance, Navigation and Control

The bulk of the avionics package relies on an Inertial Measurement Unit (IMU) consisting

of ring laser gyroscopes and accelerometers to control spacecraft orientation and accelerations. The

MLVH uses the same Honeywell H-764 Laser Inertial Navigation System flown on a number of

military and civilian aircraft [3]. The Honeywell H-764 uses three ring-laser gyroscopes and three

accelerometers giving the lander a velocity accurate to 1 rn/s and an attitude accuracy of 0.2 °. The

Inertial Navigation System weighs 7.3 kg and requires 40 W. It is capable of processing inputs

from all of the guidance instrumentation, specifically the altimeter and radar velocimeter, to provide

a quick response output.

Star trackers are required for deep space navigation and spacecraft orientation. The

instruments themselves consist of small cameras that are always pointed towards a specified point,

usually a star, thus giving the spacecraft attitude in relation to a reference frame. Three star

trackers were chosen for the MLVH. The first consists of the on-board camera used to photograph

Mars both from orbit and the surface. This camera is a copy of the Ultra-Violet/Visual Camera
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usedfi_r theClementinemissionthatflew in early 1994. The cameraitself weighsonly 400 g,

requires4.5 W of power, and hasa narrow 4.2° x 5.6° field _f view. The second and third

cameras are extremely small and taken from the Clementine as well, weighing only 290 g each and

requiring 4.5 W of power with a larger 29 ° x 43 ° field of view.

A flight computer, developed by Honeywell for military space operations [4], serves as the

main processor responsible for control of the MLVH during atmospheric entry and subsequent

ballistic hops. The specific computer chosen is the RH-32 32 bit processor and is included as part

of the Guidance, Navigation, and Control subsystem. Inputs from the star trackers, inertial

navigation unit, and landing radar system are all fed directly into the flight computer, which makes

decisions and relays commands to the reaction control system and main engines.

4.2.2 Data Management System (DMS)

The data management system consists of a Multiplexer/DeMultiplexer (MDM) developed by

Honeywell to be used aboard Space Station Freedom [5]. The system is in charge of overseeing

all mission components, serving as the CPU for the MLVH. The unit became available in 1992 as

space qualified hardware and can be integrated through the use of workstations to do all of the

programming, debugging and hardware integration. An overall system schematic incorporating all

of the MLVH subsystems is shown in Fig. 4.1.

Data storage for all of the spacecraft subsystems is carded out by an Amptek FDR-8200

10 Gbyte spaceflight data recorder [6]. The system was originally designed to operate within the

Space Shuttle Payload Bay. The 10 Gbyte recorder is required to store the large amount of data

obtained from the UV/Vis camera, the GPR while the spacecraft is in orbit, and the other

instruments.
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4.2.3 hlstrumentation and Tracking

The MLVH incorporates the same basic landing control and guidance techniques

used by the Surveyor, Apollo, and Viking programs during descent. Specifically, the system

includes an altimeter to determine range to the surface and a velocity sensing radar to determine

velocity along three axes.

A vendor survey conducted by the Boeing Company in October of 1991 [7] assessed the

availability of off-the-shelf hardware capable of the above tasks. The Boeing study was done in

conjunction with the development of the Common Lunar Lander to autonomously terry payloads to

and from the surface of the Moon. They found that some existing altimeters may be close to the

design requirement but that no suitable radar was known to exist [8]. The vendor survey revealed

that the cost to develop such systems in a three year time frame was on the order of $4 million,

with hardware costing $1.5 million a copy for both the radar and altimeter.

Our proposed system is the result of a vendor survey response by Teledyne Ryan Co. The

landing radar and altimeter have a range of 16 km. The landing radar system uses four individual

beams to provide redundancy. The pulse altimeter requires a single cone-shaped antenna pointed

toward the ground. The instrumentation requires a surface area of 76.5 x 76.2 cm and has range

and velocity accuracy of 5% of the actual range and 30 cm/sec, respectively.

4.3 MLVH COMMUNICATIONS LINK WITH THE EARTH
(Mhorli Marcelo, Mark Matheson)

This section discusses the communication link between the MLVH and the Earth. It is

divided into three sections. The first, 4.3.1, describes the system requirements and architecture.

Section 4.3.2 gives details on the specific transmission technique chosen. The system hardware is

presented in Section 4.3.3.
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4.3.1 Communications Architecture

The MLVH will communicate directly to NASA's Deep Space Network (DSN) on Earth.

Currently DSN is capable of uplink in S band and downlink in S and K bands. Due to budget

restrictions, it does not appear that transmission capability in the Ku band will be available before

the 2001 mission date [9].

Transmission times vary during various phases of the mission. During interplanettu'y

transit, the antenna is always Earth-pointing, allowing communication to occur at any time. While

performing the in-orbit mapping phase of the mission, the antenna is also used by the Ground

Penetrating Radar (GPR), and must be pointed toward the surface. During this time,

communication and GPR measurements alternate. Communication is also intermittent after the

MLVH has arrived at the surface. Communication can only occur when the Earth appears above

the horizon of the MLVH. The actual time available for transmission depends on the season and

daily variations in the optical depth of the Martian atmosphere. One-way transmission delay times

vary between 3 and 20 minutes, depending on the relative position of the two planets [l 1].

4.3.2 Communications Technique

There are several different types of data that will be transmitted. Uplinked data includes

tracking, telemetry and command ('IT&C), navigation data, and additional command functions.

Downlinked information includes the science data stream and the engineering data stream (e.g.

health of the vehicle, propellant tank conditions, etc.) [16]. The data rates are listed in table 4.1

All data are recorded in digital format, eliminating the need for analog to digital conversion.

Once the data are collected they are compressed and stored in the DMS (see Section 4.2.2). When

a communication channel is open (limited by antenna line-of site and DSN availability) the

information is multiplexed into a single data stream and transmitted directly to the Earth.
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Table4.1 Dataraterequirements[6].

h]strument Data rate

APX

MRS

Atmospheric

GPR

Cameras

Engineering

64 Kbits pet" analysis

64 Kbits per analysis

1 Mbit per Martian day

4 Mbits per image

3.9 Mbits per image

1200 bits per second

4.3.3 Communications Hardware

The hardware components are all solid state which allows for low power consumption, low

mass, high dependability and no moving mechanical parts. The Viking mission for example, used

a 1970's technology magnetic tape drive data storage system that has moving mechanical parts.

Although it performed remarkably well, it was unnecessarily massive. Weight savings, longer

service, and higher storage capacity (2 x 109 bits of data) can be realized by solid state data storage

memory. The transponder (consisting of receiver and transmitter), filters, and the antenna tracking

motor circuits are also solid state as well [13].

The MLVH has two sets of transponders (2 pairs of receivers and transmitters) for

redundancy. The MLVH antenna is a directional, parabolic dish, transceiving type antenna. The

material chosen is honey-combed composite for less mass and more weather resistance. There is

the option of designing it to be foldable for storage ease, but this necessitates the material to be

wire-mesh(which is denser than composite) and adds control complexity. All antenna components

are mounted directly on the drive motor, making the system compact and rugged [14]. Finally, the

high-gain antenna is mounted on a retractable boom. During the flight to Mars and on the Martian

surface the boom is extended to act as an observation platform for Scientific instruments and also

allows the antenna to orient itself in relation to the MLVH and Earth.
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4.4 cor_IPONENT MASS, POWER, AND COST BREAKDOWN
(Jason Andrews, Mhorli Marcelo, Mark Matheson)

The basic hardware components for the avionics and communication packages and the

breakdown of their masses and power requirements are listed in Table 4.2 below [ 10].

Table 4.2 Hardware component masses and power requirements.

Component Quantity Mass Size Peak Input

(k_) (cm) Power (W)

Guidance & Navigation

Laser Inertial Navigation Sys. l

Flight Computer 1

UV-Vis 1

Star trackers 2

Data Management Sys,

Multiplexer/DeMultiplexer 1

Data Storage (FDR-8200) 1

Instrumentation/Tracking

Landing Radar 1

Altimeter 1

Altimeter Antenna 1

Mounting Brackets/Wiring

Communications

Transponders 2

Antenna 1

Filters, switches, etc. N/A

Cables N/A

7.3 46x 19.3x20 40

9.0 20.3x26.2x7.0 25.3

0.41 10.5x12x16 4.5

0.58 12x12x14 9.0

20 37x23x34 144

8.2 30.5x23x15 18

22.1 76.2x76.2x8.26 68

5.1 23.4x14.7x20.1 28.5

0.7 15.25 dia.xl5.5 0

12.9

9 10 x 10 x 20 32

1 50 dia.x 10 N/A

2 N/A N/A

2 N/A N/A

TOTAL 100.6 370

4.5 CONCLUSION

(Mark Matheson)

In order to reach Mars, Project Genesis uses its star trackers and communications system to

ensure proper pointing. During descent the MLVH is controlled by the guidance, navigation and
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controlsubsystem.This systemis againu_d during theballistichop. Duringtheentiremission

dataarerecordedandcompressed;informationis transmittedfrom Earthto theMLVH andback.

All dataandinstructionsale handledby thedatamanagementsystem.All of thesefunctionsare

handledby theAvionics andCommunicationsSystem,asdescribedin thischapter.
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NOMENCLATURE

ACTS

APX

CPU

DMS

DSN

GPR

GPS

IMU

MDM

MLVH

MRS

Tr&C

UV/Vis

Advanced Communications Technology Satellite

Alpha Proton X-Ray Spectrometer

Central Processing Unit

Data Management System

Deep Space Network

Ground Penetrating Radar

Global Positioning System

Inertial Measurement Unit

Multiplexer/DeMultiplexer

Mars landing vehicle and hopper

Magnetic Resonance Spectrometer

Tracking, telemetry and control

Ultra-Violet/Visible Camera
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5.1 INTRODUCTION

(Acosta)

An important step to an eventual human presence on Mars is a precursor mission to explore

and characterize the local Martian environments. Following the initial exploration of Mars by the

Mariner spacecraft, the Soviet Mars-series, and the Viking landers, it is still necessary to expand

our knowledge of Mars in all areas of scientific interest. In order to achieve this understanding it is

useful to explore the diverse Martian environments by utilizing in situ resources. Project Genesis

is capable of achieving this goal, providing unique science data not possible from any other

proposed mission, thus expanding our knowledge of Mars.

In situ measurements from two locations initiate a new phase in the exploration of Mars,

collecting information which cannot be obtained t¥om an orbiter or a conventional lander. Mars is

a terrestrial planet with a rich and varied geologic history that includes extensive volcanism and

tectonism, an atmosphere with substantial interaction with surface materials, volatile-rich polar

caps and extensive evidence for the former existence of liquid water on and below the surface. As

a result, Mars remains a major scientific objective for exploration and study.

Specific scientific objectives for Project Genesis are as follows:

• Establish the chemical and mineralogical character of surface materials.

• Determine some of the aspects related to the atmosphere environment.

• Determine the abundance and distribution of possible locations of water or ice.

Each of these objectives is discussed in the following sections.
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5.2 SCIENTIFIC GOALS

Oared Kipp)

The goals for this mission complement other suggestions for the continued exploration of

Mars, such as the scientific objectives stated by the U.S. National Academy of Sciences

Committee on Planetary Exploration (COMPLEX) [1,2]. After the Viking landings in 1976, the

U.S. National Academy of Sciences' COMPLEX made the following recommendations on the

primary objectives for the continued exploration of Mars by unmanned missions:

• The intensive study of local areas;

• To explore the structure and general circulation of the Martian atmosphere;

• To explore the structure and dynamics of Mars' interior;

• To establish the nature of the Martian magnetic field and the character of the upper

atmosphere and its interaction with the solar wind;

• And to establish the global chemical and physical characteristics of the Martian surface.

Considerable information about Mars is still needed_ In the present mission, surface and

atmospheric composition is investigated. Soil and rock samples are examined in order to determine

the state of water, if any, in the material. Also, they are examined to identify any active oxygen

species present, as well as other radical species and oxidation states of paramagnetic ions and color

centers in icy samples. The possibility of ice on Mars opens up a number of important

opportunities for future missions, such as in situ H2/O2 propellant production, and life support.

Therefore, water ice deposits are sought. Finally, since the Viking experiments for the existence of

life were inconclusive, this mission will conduct experiments to try to further clarify the possibility

of life on Mars by characterizing the electronic state and molecular structure of the oxidant in the

Martial soil.
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5.3 REQUIREMENTS

(Jared Kipp)

The scientific instruments chosen to accomplish the stated goals had to meet certain

requirements. Because this project is primarily a technology demonstrator, limiting the mass of the

payload is of great importance. Therefore, instruments of small mass (,<5 kg) were chosen for the

surface experiments. Also, instruments with little power consumption (<i0 We) were sought.

The cost for the scientific package was also of concern, therefore, "off-the-shelf" instruments were

chosen to avoid developmental expenses. Lastly, simplicity of the instruments was considered.

All of the surface instruments for this project meet the stated requirements, with the

exception of the Magnetic Resonance Spectrometer (15 We). This instrument has the potential to

consume less than 10 W, and is currently under development at the Jet Propulsion Laboratory [3].

Although this instrument is currently not "off-the-shelf", it will be by the proposed mission launch

date, and it is relatively inexpensive (less than one million dollars) and simple to use.

5.4 REMOTE MANIPULATOR ARM

(Jared Kipp)

The Remote Manipulator Arm (RMA) is located on the Mars Landing Vehicle/Hopper

(MLVH) near the bottom of the structure, as shown in Fig. 5.1. The sampling arm has a length of

1.5 m, mass of 2 kg, and can lift up to 2 kg on Mars. The structural material used for the arm is

graphite-ether-ketone: a graphite thermoplastic which has a higher stiffness to weight ratio

(12.6x10 7 m2/s 2) than aluminum (2.7x10 7 m2/s2). The sampling arm consists of two 0.6 m beams

connected to each other, with a third 0.3 m beam connected at the end. On the end of this shorter

beam a small sample collector is attached.

The beams are all joined by hinges, which allows the RMA to be folded in when not in use.

To operate these hinges, a cable drive, which has superior characteristics compared to a direct
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d,'ive,wasselected The cabledrive hasa mot¢_rlocated at the base, and controls the beams by

pulling on the cables, which extends and retracts the arm. The direct drive uses a motor at each

joint, increasing the structural mass of the arm. This method also requires electric wiring inside the

beams and through the joints, which also adds to the total mass. Because the cable drive does n¢_t

require any of these, the beam achieves a lower moment of inertia and lighter mass.

5.5 SCIENTIFIC INSTRUMENTS
Oared Kipp, Jason Andrews)

The scientific instruments installed on the MLVH accomplish the stated goals of this

mission. In order to allow for unexpected problems or malfunctions, it is desirable to have two

sets of instruments on the MLVH, but mass and power considerations make this impossible. The

scientific goals for this mission require sample acquisition, which is accomplished through the use

of the RMA on the lander, and the use of an Ultraviolet Visual (UV-Vis) camera, which provides

stereo and three-color images of the surrounding terrain.

5.5.1 Surface Study

(Jared Kipp)

Surface study for this mission will consist of the investigation of top soil, underground

soil, rocks, lava, surface composition, water deposits, and oxygen species. The instruments used

for surface study includes: a Magnetic Resonance Spectrometer (MRS), Alpha-Proton-X-ray

Spectrometer (APX), Ground Penetrating Radar (GPR), RMA, Decent Imager, and a UV-Vis

Camera.

Magnetic Resonance Spectrometer (MRS)

The MRS [3] has a combined capability of Electron Paramagnetic Resonance (EPR) and

Nuclear Magnetic Resonance (NMR). In one miniature instrument, the MRS incorporates these
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two powerful spectroscopicdisciplineswith the capability and versatility to perfornl in situ

planetary sample analyses. This instrument is currently under development at the Jet Propulsion

Laboratory with the hopes of obtaining much needed Martian surface chemical infomaation.

The MRS collects samples by means of the RMA. Of concern is surface contamination

from retro rocket fire upon landing, but because there is little oxygen in the exhaust, and because

the RMA has the capability to dig, surface contamination is not a problem. The RMA will scoop

samples and place them into silica tubes. Although surface contamination caused by the landing

engines is not considered a problem, Project Genesis requires the MRS to perform one analysis

soon after landing, and one analysis right before the ballistic hop inorder to provide for more

accurate results. This requirment provides for a margin of error due to small traces of oxygen in

the engine exhaust.

One advantage of using the MRS is that the samples require little preparation with no

disruption of surface structures. MRS instruments study atoms or molecules with unpaired

electrons (EPR) or nuclear spins (NMR) in an applied magnetic field by irradiation with microwave

or radio frequency to induce transitions between electronic or nuclear spin states. When the

magnetic field is scanned to the point that the energy difference between the spin states of the

sample matches the microwave or radio frequency quantum, an atom or molecule with unpaired

spin shows a characteristic magnetic resonance spectrum, and from the measurement of magnetic

field strength and microwave or radio frequency at resonance, one can characterize the chemical

structure of the sample [3]. The following can be studied through the use of the MRS:

• Nature Of oxidants in Martian soil

• Detection of physically or chemically bound water in the soil, minerals, and rocks

• Oxidation states of paramagnetic ions

• Color centers in icy samples

• Detection of possible organics from subsoil
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As canbeseen,MagneticResonanceSpectroscopyis a powerful technique for understanding the

chemical aspects of the Martian soil.

Alpha-Proton-X-ray Spectrometer

The APX [4] determines the elemental composition of soil or rock by stimulating the target

surface with alpha particles emitted from a Curium source contained in the sensor head and by

recording the alpha, proton, and X-ray spectra emitted from the sample. A measurement is made

by mechanically bringing the sensor head to each sample and placing it in contact with the rock or

soil sample. This is accomplished with the RMA. The APX is also proposed for the

MESUR/Surveyor mission, but for Project Genesis, it has the luxury of measuring samples from

separate locations that are at a great distance form one another.

The MESUR mission requires the APX to achieve measurements and return data during the

first 30 Sols after landing, assuming four measurements over this period. Project Genesis also

requires the APX to achieve measurements during the first 30 Sols after the initial landing, as well

as after the ballisitic hop landing. Individual measurements require a 10-hour integration period

with the sensor head touching the sample and not moving. The MLVH deploys the sensor head

with the RMA and will keep it stationary for the 10 hour integration period. At this time, the

Descent Imaging camera can locate the next suitable site for measurement.

Instrument

Table 5.1 Surface stud), instruments [1].
Volume Mass Power

(cm 3) (kg) (W)

MRS 300 3.0 15.0

APX 650 0.7 0.3

UV-Vis (ea) 2016 0.41 4.5

Descent Imager 1980 0.29 4.5

RMA 2025 2.0 10.0

TOTAL 6971 6.40 34.3
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Ultraviolet-Visible Camera

This instrument is the same as used in the Clementine mission, but with Project Genesis, it

has the same advantages as stated for the APX. The UV-Vis Camera, once deployed, is located

above the MLVH on the backside of the high-gain antenna to provide unobstructed images of the

Martian surface. The camera was placed on the high-gain antenna boom so that it could be raised

above the MLVH and have a two-axis 360 ° field of view. Furthermore, by placing the camera

above the MLVH the visual distortion due to rising convective heat currents from the radiators can

be minimized. This instrument is also discussed in Section 4 as part of the MLVH avionics

package. Table 5.1 shows the volume, mass, and power characteristics for each of the

instruments.

Descent Imaging Camera

The Descent Imaging Camera is actually a 3-color startracking camera developed for the

Clementine mission by the Department of Defense. The Descent Imager is located on the underside

of the MLVH and is allowed to gimbal such that it can track objects through a protective plexiglass

bubble. This allows the camera to point directly down to record aerial images after the aerobrake is

released during descent and the ballistic hop. Furthermore, the camera can re-orient itself to aid in

the control and operation of the RMA.

5.5.4 Atmospheric Science
(Francisco Garcia-Acosta, Jason Andrews)

Recent trends in planetary instrumentation for atmospheric science include the development

of compact, low-mass, low-power instruments that enable optimum measurements from the

Martian environment [5]. Project Genesis shares this philosophy, including a variety of sensors

that will provide current weather information and will be used to study Mars atmospheric dynamics

and to describe the seasonal variations. The module used on the MLVH incorporates state-of-the-
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artelectronicsandsiliconmicromachinedstructures,alongwith moreconventionalmeasurement

technologiesto reducesize,cost, and power consumption. Requirementsfor meteorological

measurementson Mars include devicesfor measuringpressure,temperature,wind-speedand

direction,andhumidity. Thesensorsplacedon boardthe MLVH arebasedoll technologiesthat

aredurable,andinherentlyaccurate.Descriptionsof the moduleandits instrumentationis given

below:

Mars Environment Monitor (MEM)

The instrumentation for monitoring the Martian environment consists of a very compact,

lightweight module: the Mars Environment Monitor (MEM). The measurements taken from the

MEM are completely immune to the atmospheric dust and ice particle loads and their sensitivity

exceeds the requirements for Mars and upper atmosphere applications. The mass of the MEM is

1 kg, and the power requirement is approximately 5 W. The MEM has a 0.1 m cubic shape and

is mounted atop the high-gain antenna. By placing this instrument on top of the high gain antenna

it will be shielded from the radiative heat given off by the radiators and is located in an ideal,

unobstructed position to gather atmospheric data. Furthermore, by retracting the antenna boom

the relative distance above the ground can be altered between 0.3 meters and 1.5 meters which is

ideal for determining atmospheric surface effects.

Pressure sensor. The meteorological station has an atmospheric sensor which is

mounted inside the module to be shielded from wind. The pressure sensor measures absolute

pressure using a thermal conductance technique. The sensor consists of a vibrating quartz

membrane whose oscillating frequency is a function of the mechanical stress imposed by the

ambient pressure. Temperature dependence, although small, must be taken into account in
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interpretingthedata. The responsetime of the sensor to changes in pressure is less than two

seconds. These devices employ silicon micmmachined structural element_[6].

Temperature Sensors. Temperature is measured by two sensors made of thin metal,

film-resistance thermometers, whose accuracy is better than 1 K. The Finnish company Vaisala

is currently developing these devices[7].

Wind Speed and Direction Sensors. Measuring both wind speed and direction is

achieved by an ion gauge. The carbon dioxide is ionized by using a reference source, and the

point with the greatest current gives an indication of the wind speed and direction. A hot wire-

anemometer (as used on the Viking Mission) was ruled out because of its high power

requirements.

Humidity Sensors. The weather station also includes a hygrometer, recently designed

and developed by JPL. This sensor is designed to study the water vapor distribution in the Mars

atmosphere, and it is designed to operate based on accurate dewpoint principles. This device

combines a millimeter scale surface acoustic wave oscillator element with a compact temperature

control element. This compact structure, packaged on a conventional power transistor header, has

a volume of approximately 1 cm 3. Precision testing of this instrument demonstrates 0.1 K

dewpoint accuracy[8].

5.6 GROUND PENETRATING RADAR

(Jason Andrews)

To supplement the capabilities of the MLVH, a Ground Penetrating Radar (GPR) is used

from orbit during the first weeks of the mission. The GPR is capable of probing beneath the

Martian surface with VHF, UHF, and microwave radio waves. The waves reflect off subterranean
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featuresandthereturnsignal is sentbackto Earthandanalyzed. By analyzing the radar return,

scientist can locate ground water and ice deposits as well as accumulate a wealth of geological data.

Cunently, research regarding a small space-based GPR is nearly non-existent. The design used

for this mission mimics larger arrays carried aboard the Apollo 17 Moon mission and the Space

Shuttle [9]. Several existing systems are combined to create a small power-conscious GPR,

capable of meeting the following mission requirements:

• Search and location of water or water ice.

• Subsurface geological mapping.

• Generation of surface profile, surface mapping, and imaging.

• Measurement of galactic noise in the Martian environment.

The primary mission goal of the GPR is to search for and locate water or ice trapped near

or beneath the surface. This mission aspect is considered a top science priority because of the

implications for future Martian exploration. The secondary effect of using a GPR is that

subsurface discontinuities and formations are detected and mapped and a surface profile will be

created from the radar return signal. Examples of the useful information obtained from the surface

profile and sounding include the location of dips of fault scarps, detection of subsurface river beds

covered by layers of Martian dust, disposition of lava flows, slope information, and three-

dimensional crater and volcanic shape formulation. The GPR itself is a powerful tool but when

combined with other aspects of the mission it greatly augments the overall scientific capabilities of

the mission. For example, comparisons between video images and subsurface and surface prof'des

yields important information regarding the geological history of different regions. The use of the

GPR to locate and identify important geological regions of interest is a invaluable asset. Such

capabilities ensure that the scientific yield from the mission is maximized.
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5.6.1 GPR Design

The GPR operates at wavelengths of 30 cm and 2.0 m. These longer waves are capable of

penetrating the top few layers of the Martian surface before they are reflected by the more solid

layers beneath the surface. The reasons for using a broadband, relatively low-frequency system

for ground penetration and imaging stems from the increase in dielectric losses with frequency

exhibited by terresu-ial materials, and the requirement for resolution at long range. Furthermore, a

spaceborne radar in a polar orbit has the advantage of covering the entire Martian surface with a

constant power density, guaranteeing consistent results. The use of a polar orbit eliminates the

need for a side looking radar transmitter and receiver. By pointing the transmitter and receiver

directly down, the radar effectiveness is increased and the control of the satellite is simplified.

The major problem hindering the effectiveness of a spaceborne radar system is the strong

return from the Martian surface against which the weak subsurface returns must be observed. The

surface return, undesirable for subsurface probing, is precisely the desired signal required to meet

the third mission objective of surface profiling and imaging. Data for sounding, profiling, and

imaging are different for all three objectives but must be gathered simultaneously. As a result, the

raw data are digitized, stored by the onboard data recorder, and later beamed to Earth for analysis.

The amount of energy reflected by the surface is determined by the characteristic

roughness. Roth and Elachi [10] found that scattering losses are not significant for subsurface

penetration when individual grain sizes are smaller than one-tenth wavelength. Scattering losses

become appreciable for particle sizes larger than one-fifth wavelength. For our operating regime,

the higher frequency 1 GHz waves (wavelength=30 cm) provides high resolution subsurface

imaging up to 2 m in depth. Wavelengths in this range have been operated by both the Space

Shuttle SIR-A [11] and SIR-B [12] missions with favorable results in extremely add climates. The

150 MHz waves (wavelength 2.0 m) are capable of probing 150 meters beneath the surface. The
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longerwavelengthsprovidegreaterdepthof penetrationbut lack thehigh resolutionattainedby

operatingat higherfrequencies.

The surface return is composedof two components,a specular or smnothsurface

componentand a diffuse or rough surfacecomponent. The specular surfacecomponentis

describedbelow by the Rayleighcriterion andmakesup thesurfaceprofiling componentof the

radarreturn. A simplifiedelectromagneticspecularmodelis illustratedin Fig. 5.2.

Whena radar beampassesfrom thelow-lossatmosphericmediuminto thesurface,the

radarsignalexperiencesa wavelengthshorteningasthemicrowaveenergyis passedfrom theair

into the denserregolith. The equationgoverning the relationship betweenwavelengthand

incidenceangleto micro-scale(surface)roughnessis definedbytheRayleighcriterion[12],which

considersthesurfaceto besmoothif: "

where:

;t
h<_ (5.1)

8 cos 0

h = average vertical height of the micro-relief

Z = operating radar wavelength

0 = incidence angle of the radar beam

From this it is easy to see that the optimal radar incidence angle is 0 °, or directly overhead.

The fact that the satellite is in a polar orbit is an added benefit because it optimizes the radar

effectiveness. By solving this equation for h, the theoretical breakpoint or boundary between

radar-smooth and radar rough surfaces is defined for a given wavelength and incidence angle. The

maximum breakpoint boundary for a radar-smooth surface is 0.25 meters for 150 MHz waves

[ 11]. This frequency is capable of peering beneath the surface in the rock strewn regions of Mars

where boulders of up to 0.25 meters in diameter will have little effect.
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5.6.2 Antenna System

To reduce size and power requirements, as well as increase resolution, the antenna chosen

for the mission is a 0.50 m diameter high-gain dish antenna. The Apollo 17 lunar sounder mission

used a seven-element Yagi VHF antenna operating in the 150 to 166 MHz band [13]. Our design

requires an antenna in the 150 MHz to 1 GHz band. To miniminze the number of antennas

required for the communications, GPR, and avionics subsystems, the different antennas are

combined into a universal design. Using a 0.50 m parabilic antenna, the gain for the 1 GHz waves

is 104.7 and for the 150 MHz waves it is 2.4.

5.6.3 Radar Subsystem

The transmitter is comprised of a sequencer, a code generator, and an FM phase modulator.

Before the wave is fed to the antenna, the signal passes through a power amplifier where it is

boosted to 90 W. The receiver is made of a broadband direct amplifier, a two-channel

synchronous demodulator, several analog to digital converters, and a storage unit. The raw data

are stored on an FDR-8200 10 Gb data recorder outlined in Section 4. I. A schematic of the radar

subsystems and their layout can be found at the end of this chapter as Fig. 5.3.

The GPR system has a mass of 25 kg and a total power requirement of 90 W. Because the

entire Martian surface is viewed during a single day by the satellite's polar orbit, the radar can shift

between the three operating frequencies to save power and data storage space. The GPR itself is

versatile and robust enough to meet all of the mission requirements. The two different operating

frequencies provide a range of penetration depths. In the high frequency mode (I GHz) the radar

produces a high resolution image of the top few meters of the Martian surface. In the 150 MHz

mode the radar is capable of detecting subsurface features that may be instrumental in determining
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tile geological history of the Mars. Finally, the GPR systern is used by the MLVH during final

descent and the ballistic hop as a radar altimeter aqd velocimeter.

5.7 LANDING SITES

(Jared Kipp)

It is not critical that a landing site be chosen at this time. In fact, important information

about Mars will be gathered by missions that will precede this one, and that information will have

significant impact on the choice of a landing site. Project Genesis is designed to land on a rocky

surface. A landing site must conform to the following criteria: it must be smooth enough for the

MLVH to land safely, and it needs to be in close proximity to one or more scientifically interesting

surface features which are within the ballistic hop range of 30 kin. These features may be

geological formations (e.g. lava flows, ancient crated terrain, or ancient water erosion valleys), be

candidates for subsurface water, or be candidates for biological organisms. If the GPR detects

subsurface water and/or ice, it is desirable to land in the vicinity of its location, if it is possible.

The most likely landing sites are in the vicinity of Vallis Marineris and Olympus Mons.

5.8 CONCLUSION

(Acosta)

A prominent feature of the future exploration of Mars is the detailed study of the planet's

atmosphere and surface. Moreover, it would be inconceivable to send humans without data sent

from precursor missions. The more detailed and substantiated the science models are, the more

clearly future missions will be defined. Mars will be studied from a low orbit, during the entry

maneuvers, and from the surface. Instrumentation on board of the MLVH will search for deposits

of ice or permafrost, and a single jump of the MLVH will analyze a cross section of the Martian

atmosphere. At the surface level, long-term meteorological measurements will collect data from the

atmosphere while analyses of the Martian soil are performed. Mars has had a long and a complex
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historywith ahnostaswidearange_f processesasonEarth. Elucidationof this historyrequiresa

comprehensiveprogramof in situ analysis of samples which will provide a better understanding of

the atmosphere and interior, as well as the possibility of indigenous life. The potential scientific

benefits of Project Genesis will change our perspective about Mars and will provide some of the

precursor information necessary for human exploration of the Red Planet.
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NOMENCLATURE

APX

COMPLEX

EPR

GPR

MEM

MLVH

MRS

NMR

RMA

UV-Vis

Alpha Proton X-Ray Spectrometer

U.S. National Academy of Sciences Committee on Planetary Exploration

Electron Paramagnetic Resonance

Ground Penetrating Radar

Mars Environment Monitor

Mars Landing Vehicle and Hopper

Magnetic Resonance Spectrometer

Nuclear Magnetic Resonance

Remote Manipulator Arm

Ultraviolet/Visible
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Matt Hedman
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6.1 INTRODUCTION

(Chris Wilhnan)

Mobility is one of the prime drivers behind societies. Roads made it easier to trade in the

Roman Empire. The British built and exploited the Suez Canal to improve access to resources in

India, and the United States built the Panama Canal to link the East and West Coasts for trade and

defense. Henry Ford mass produced the automobile, giving individuals access to quick, cheap,

and flexible transportation. Similarly, the exploration of other planets is driven by our ability to

move around; to accelerate and decelerate; and to safely and reliably deliver a payload. This section

discusses the methods of transportation employed by Project Genesis, both from Earth to Mars and

across the surface of Mars. There are five major phases of transportation: launch from Earth,

astrodynamics to Mars, capture at Mars, descent to the surface, and surface mobility.

For Project Genesis, some less conventional methods were chosen for parts of the

transportation strategy. The mission is designed to launch on a Delta 7925. The launch mass is

small enough to allow for larger C3 values which have shorter transit times. Mars capture is

achieved using an aeroassist through the atmosphere to substantially reduce the amount of fuel

necessary to achieve orbit. A combination of aerobrake, parachute, and thrusters is used to obtain

a soft landing on the surface. The MLVH can move to a new location on the surface via a ballistic

hop, using fuel created from seed hydrogen from Earth and carbon monoxide from the Martian

atmosphere. These innovations allow Project Genesis to do more things for much less money.

6.2 LAUNCH VEHICLE

(Matt Hedman)

There are several criteria that the launch system has to satisfy. First, the system has to have

the ability to send the mass of the MLVH to Mars. Second, the payload fairing has to be large

enough to accommodate the volume of the MLVH with an aerobrake. Third, the launch system
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hasto havea highlaunchsuccessrate. Lastly, thevehiclehasto bethe mosteconomicallaunch

systemthatsatisfiestheabovethreerequirement,;.

Five different launchsystemswereconsideredfor sendingtheMarsLandingVehicleand

Hopper (MLVH) to Mars. The systemsanalyzedwere the RussianProton,AmericanAtlas II,

Atlas IIA, Atlas IIAS, andtheDelta 7925(SeeFig 6.1). Of thesystemsconsidered,theRussian

Protonhas the largestpayloadcapacityand lowest price. However,politics may not allow a

Protonto beused.Therefore,thefour remainingsystemshadto beevaluatedfor payload,price,

and reliability. The Atlas modelshave a higherperformancecapability than the Delta7925.

However,theDeltais cheaperandhasa higherlaunchsuccessratethananyof the Atlasmodels.

Therefore,theDelta7925waschosenbecauseit representsthebestcompromisebetweenthethree

categories.In theeventthataProtonis available,theProtoncouldeasilyaccommodateourvehicle

andmaybeableto allow MLVH massincreasesthatcanaddto thebenefitsof themission. Each

of thesevehiclesis describedin furtherdetailbelow.

6.2.1 Proton
(Matt Hedman)

The Proton is the most attractive choice of the launch systems considered. Not only does it

have the ability to send a greater mass to Mars than the Delta or Atlas vehicles, but it is also cheaper

than the American systems. The Proton has the ability to send 4600 kg to Mars with a C3 value of

10 km2/sec 2. The upper stage payload fairing has a diameter of 3.8 m at the base and a height of

8 m [1]. The launch cost is estimated to be between $35 and $70 million in 1990 [1]. Due to the

current economic condition of Russia, the future launch price may be even lower than $35 million.

The four other launch systems cannot match the Proton in any of these categories.

The larger payload capacity of the Proton enables the MLVH to be redesigned to carry a

larger and faster propellant production plant (PPP). A more massive structure is needed to house
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the largerPPP.Thereflwe,thepropellanttanksmustbebiggerto holdtheextrapropellantto make

the requiredhop. Many other componentsscaleup in size. A rough model wasdevelopedto

analyzethesetrends.Thefollowing assumptionsweremade.

• The mass of the PPP scales linearly with the mass of propellant it produces per day. The

scale factor assumed was 50 kg of plant per kg of propellant produced per day.

• The RTPV power source produces 18 Watts per kilogram of power source.

• The frame structure constitutes 15% of the launch mass of the MLVH.

• The masses of the main engines scale linearly with the MLVH takeoff thrust to weight

ratio.

• The mass of the parachutes constitutes 3% of the MLVH landing mass.

• The mass of the aerobrake makes up 15% of the landing mass.

• 15% mass growth of the launch mass is allowed.

° Assumed masses:

- science equipment = 8 kg

- avionics = 90 kg

- reaction control system = 25 kg

- communications equipment = 25 kg

• Main engine Isp = 348 sec.

• Drag and gravity losses during burning time are not accounted for when calculating the

hop distance.

The model shows that for a fixed hop distance, the MLVH launch mass is a function of

how many days of propellant production time are needed to make the hop. The resulting plot of

these two quantities for a 35 km hop is shown in Fig. 6.2. For the Proton launch capability of

4600 kg, the number of production days required for a 35 km hop would be only 43 days. This
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tirne is shorterthanthe 72 daysof productiontime needed for a 1000 kg MLVH required for a

Delta 7925. Another option is to produce propellant for longer than the 43 days required for a 35

km hop and make a longer jump.

Unfortunately, politics plays a role in our ability to acquire a Proton rocket. Because the

Proton is made by Russia, the United States may not want to launch a US mission in a Russian

rocket and/or launch the mission from Russia. If a Proton is available, it is the obvious choice to

launch our mission. However, because of the Proton's uncertain availability, the four remaining

systems had to be evaluated for their payload capacity, reliability, and cost.

6.2.2 Atlas II

(Matt Hedman)

The Atlas II is manufactured by General Dynamics in San Diego, CA, and allows a

payload of 1600 kg to be transferred to Mars [2]. A Centaur upper stage attaches to the Atlas to

provide the third stage of the launch system. The Centaur payload fairing has a diameter of

3.65 m at the base and is 9.49 m in height [3]. The average launch success rate of all of the Atlas

models from 1980 to 1990 was 91% [1]. The price of the vehicle is estimated between

$70 million and $80 million [1].

The same rough model that is discussed in the Proton section was used to determine how

many production days must be spent between hops if the MLVH is redesigned with a larger launch

mass. As Fig 6.2 shows, the production time for a 35 km hop with a 1600 kg launch mass is

53 days. When compared with the 72 days of production time required when using a

Delta 7925, there is a significant improvement. However, the smaller cost and better reliability of

the Delta 7925 makes it preferable over the Atlas II.
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6.2.3 Atlas llA
_MattHedman)

The Atlas IIA hasa slightly larger payloadcapacitythanthe Atlas II (1725kg to Mars

comparedto 1600kg for the Atlas II [2]). However,the IIA model also costsapproximately

$10 million morethantheAtlas II [1]. Accordingto Fig 6.2,anMLVH designedwith a launch

massof 1725kg would take 51 days to produceenoughpropellant for a 35 km hop. The

slightly fasterproductiontime doesnot justify theaddedcostof theAtlas HA over the smaller

Atlas II or Delta7925.

6.2.4 Atlas IIAS
(MattHedman)

The Atlas IIAS is the largest Americanlaunchsystemthat wasconsidered. With the

capability of sending2200kg to Mars [2], the IIAS model is easily ableto launch thecurrent

designof theMLVH. However,the IIAS modelcostsapproximately$40million morethanthe

Atlas II and $70 million more than the Delta7925[1]. Using the MLVH launchmassmodel

madefor Fig 6.2, anMLVH with a launchmassof 2200kg would take47 daysto manufacture

thepropellantnecessaryto makea 35km hop. Comparedto theproductiontime of 53daysfor

theAtlas II, thequickerproductiontime doesnot justify spending$40million moreon theIIAS

model.

6.2.5 Delta 7925
(Matt Hedman)

The MLVH is designed to be launched on the Delta 7925. It is the cheapest, smallest, and

most reliable American rocket that was analyzed. Since 1980, the Delta has had a launch success

rate of 98% [1,4]. The last failed launch of a Delta vehicle was in 1986. The price of the 7925

model is approximately $50 million. Although it has a lower payload performance than any of the
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other systemsconsidered,its low cost and extremely high launch successrate causedthe

Delta7925to bechosenasthelaunchsystemfor ProjectGenesis.

The PAM-D is theupperstageof the system. There are several payload fairing sizes that

can be used with the PAM-D. Using the 8 ft (2.4 m) diameter fairing, 1100 kg can be

transferred to Mars with a C3 value of 10 km2/sec 2 [4]. With the 9.5 ft (2.9 m) fairing,

1050 kg can be sent to Mars. The 10 ft (3.0 m) fairing allows 1000 kg to be U'ansferred to

Mars.

The size of the aerobrake of the MLVH requires the 10 ft (3.0 m) fairing. The 1000 kg

performance capability already includes the mass of the upper stage adapter which is approximately

35 kg. The adapter is the 37-12 model which is 37 in. (0.95 m) in diameter and

12 in. (0.308 m) in height. The inside of the payload fairing is 2.8 m wide at the base and

4.2 m in height.

Table 6.1. Launch sequence of the Delta 7925.

Event Time (sec)

Main engine ignition

Main Engine Cutoff

Stage I separates

Stage II ignition

Second stage burnout

Fire spin rockets

Separation from stage H

Stage [] ignition

Stage [] burnout

MLVH separation from sta_e []

0

265

273

278

951

1001

1004

1041

1128

1240
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Thetotalburntimeof theentiresystemtakesapproxirnately20 minutesbefl_retheMLVH

separatesfrom theupperstage. Table 6.! lists thesequenceof major eventsof the Delta 7925

aftertakeoff[ 1].

6.3 ASTRODYNAMICS
(Chris Willman)

One of the major trade-offs in choosing a flight path to Mars is the conflict between the cost

of higher energy and the cost of longer time in transit. Higher energy would result in the aerobrake

having to do more work and dissipate more heat in order to capture at Mars, and less mass able to

be sent to Mars. Longer time would result in more seed hydrogen boiling off, wasting both space

and mass, or would require more insulation, again using space and mass, or more refrigeration,

using space, mass and power resources.

Taking all of these factors into account, it was decided that the best option was to avoid the

complications of radiative heat transfer during the aerocapture. Fig. 6.3 depicts the range of C3

values and hyperbolioc velocities for various launch dates. A low C3 available for a launch date of

4/01/2001 is 10 km2/s 2. This corresponds to an arrival date of 9/23/2001, for a trip duration of

141 days. The MLVH arrives at Mars with a hyperbolic velocity of 4.0 km/s, and thus a velocity

of 6.28 km/s at an altitude of 300 km. (The actual trajectory will likely use a slightly smaller

approach velocity, but corresponding numbers are not available at this time.)

6.4 AEROCAPTURE AND ENTRY
(Chris Willman)

It is a well-established fact that a successful aeroassisted capture at Mars can have an

effective lsp well above any conventional propulsion system. The risk lies i'n the lack of precise

daily knowledge of the Martian atmosphere. If the atmosphere is somewhat more dense or less
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densethanexpectedwhentheMLVH arrives,it couldreceiveaAV different enough to cause it to

become trapped in the atmosphere, or to continue on its hyperbolic trajectory and exit Mars orbit

entirely. A good aeroassist strategy needs to be as robust as possible, in order to deal with

problems such as density fluctuations and path perturbations as they happen.

After the lander is captured into an orbit, a short burn by the control thrusters raises the

perigee of the orbit slightly to insure that the lander does not immediately pass again through the

atmosphere. Once in a stable orbit, the lander performs a variety of scientific and communication

functions. When the lander is finally ready to descend to the surface, a short burn lowers the

perigee of the orbit into the atmosphere. Aerodynamic drag slows the lander sufficiently to drop it

completely out of orbit.

The descent phase is divided into three major stages. The first is the aerobrake phase,

during which the lander remains in its initial configuration. At a sufficiently low altitude, the

lander begins the second phase by releasing its aerobrake, and deploying a parachute clear of the

wake of the aerobrake. The final phase consists of a thrust-controlled descent, and the shedding of

the parachut e .

Each of these phases has a specific purpose. During the aerobrake phase the largest part of

the enrgy is dissipated. The parachute further slows the vehicle to a sufficiently slow speed that

the thruster burn is as Small as possible. This reduces landing propellant requirements, which

reduces Earth launch mass.

All decelerations are heavily dependent on the ballistic coefficient, I_, which compares the

effect of drag to the effects of inertia and gravity. That coefficient is given by the following

equation:

fl_CdA
M (6.1)
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where fl= ballistic coefficient,

Cd = drag coefficient,

A = cross-sectional area,

and M = mass.

Higher Coefficients give higher decelerations, and have lower terminal velocities. This justifies the

u_ of a parachute, since a parachute has a much larger area, while not significantly increasing the

mass. We are attempting a soft landing, and the terminal velocity for such would require a

prohibitively large parachute area. Thus, a final thrust-controlled landing is required.

6.4.1 Aerocapture
(Chris Willman)

Based on the selection of the Mars transfer orbit, the MLVH will be approaching Mars with

a velocity of 5.9 km/s. In order to be captured into any orbit, a minimum AV of 800 m/s would

be necessary, requiting a mass ratio of 1.27 given a specific impulse of 348 s. Thus 131 kg of the

625 kg Earth launch mass would have to be propellant, leaving only 494 kg for payload. It is

clear from these data that aeroassisted capture is essential.

The theory is quite simple. The MLVH, with an aerobrake shell mounted, passes near

enough to Mars to penetrate the atmosphere. The angle of entry determines the depth of the

penetration, which in turn determines the total drag and the total decrease in velocity, as well as the

attitude of the resulting orbit.

The actual practice is more difficult. Because of the dependence on the path angle, the

guidance onboard the craft must be sufficiently accurate to determine the craft's motion relative to

the planet to a high degree of accuracy. Because of the dependence on drag, which is proportional
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t_ thedensityof theatmosphere,theMLVH mustbeableto handleor reactto variations in density

as they are encountered. Thus, a robust control system is necessary for real-time contingencies.

The use of lift makes an aerobrake attempt much mole controllable and robust. Our MLVH

will be capable of using its control thrusters to obtain an angle of attack of 20 °, providing a lift

coefficient of up to 0.18. To design the mission to rely on this amount of lift would reduce the

capability to compensate for a denser atmosphere than was expected. So the aerocapture data listed

here assumes that no lilt is used. Any perturbations can be corrected using the potential lift.

The MLVH will arrive at an altitude of 300 km with a velocity of 5.9 km/s. Allowable

angles at that altitude and speed zero lift are from 16.8" to t7.2" below horizontal. At a medial

entry angle of 16.9 °, the craft would gently slow through the atmosphere, finally exiting at a

velocity of 4.5 km/s and an angle of 13.8 ° above horizontal. This represents a AV of 1.4 km/s,

while keeping the deceleration near one Earth-g. Fig. shows the path and dynamic pressures

during the aerocapture. The resulting orbit has an apoaereon of 20,500 km, with an orbital period

of 13.4 hours. Unfortunately the eccentricity of 0.75 makes GPR coverage of the surface more

irregular, but it helps to reduce the AV for orbit adjustments, as covered in the next section.

6.4.2 Orbit

(Chris Willman)

When the MLVH finishes its aerocapture pass and leaves the atmosphere, it is destined to

reenter the atmosphere after one orbit, as noted above. Since it is desirable to keep the MLVH in

orbit for several weeks in order to perform a GPR survey, the control rockets fire a short burn at

the apoareon of the orbit to raise the periareon to 300 kin. The AV required for this depends on the

altitude at apoareon. Higher apoareons have lower AVs. At 20,500 km, the AV is 20 m/s for

orbit and another 20 m/s for deorbit, for a total of 40 m/s [5].
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Oncein this stableorbit, the MLVH can perfiwmits experimentsusing the GPR.Any

pointsof interestcanbecataloguedaspotentiallandingsites. AlthoughtheMLVH will only spend

approximatelya month in this orbit, it could remaintherewithout significant orbital decayfllr

hundredsof years. (Of courseall of the hydrogenwould haveboiledoff by then,but theGPR

couldstill becollectingdata.)

To beginits descenttowardthesurface,theMLVH performsasecondburnat theapogee

which lowerstheperigeebackinto theatmosphere.Theentryanglecanbecontrolledby theexact

valueof theAV, but even slightly smaller angles require significantly larger AVs. Fig. 6.5 depicts

the orbit scenario. (The drawing is not to scale, because the real altitudes during the aeroassist and

Mars Entry are much smaller than the radius of Mars, and would not be distinguishable from the

surface itself.)

6.4.3 Mars Entry
(Chris Willman)

The Mars final entry consists of three phases. The first phase is aerobraking deceleration

from an orbital speed of 4.5 km/s at 300 km to 366 m/s at 7.8 km altitude. During this phase

most of the energy of the craft is dissipated. The second phase is parachute _teceleration, from the

previous velocity to the terminal velocity of the parachute configuration which is about 70 rids at an

altitude of 5 km. The use of a parachute reduces the AV required in the third phase, which is the

thrust-controlled descent to landing.

Following the aerobraking maneuver, at an altitude of about 7.8 km, the aerobrake

separates from the MLVH and a parachute is deployed. To affect a soft landing, the parachute is

released, and the thrusters are fired. The AV required for this is ideally 66.3 m/s, using only

10 kg of fuel. That leaves 10 kg of fuel for boulder evasion. Fig. 6.6 shows the path and

dynamic pressures for the Mars entry.
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Whentheaembrakeis released,it will havea larger terminal velocity than the MLVH-with-

parachute configuration, so they separate and move apart. Then when the parachute is released, it

has a much smaller terminal velocity than the MLVH, and the parachute will be much more subject

to winds, so it will separate from the MLVH both vertically and horizontally.

6.4.4 Assumptions and Equations
(Chris Willman)

The equations governing dynamics are quite non-linear, and the MLVH will experience

regimes of high and low drag, high and low path angle, and distances from local to global scale.

These extremes make it difficult to linerize equations about a given point, so it is necessary to

simulate the path of the MLVH. Although a simulation could be arbitrarily precise based on the

input, some assumptions are still made to simplify the calculations. They include:

Atmosphere has constant thermal properties: 7= 1.4, R=189 J/kg-K, T=215 K.

Atmosphere density is exponential:

 oex ( o)
where p = Atmospheric density

Po = Atmospheric density at zero altitude

h = Altitude

and Ho = Amaospheric scale height.

Ignore atmospheric drag above 300 km

Drag coefficient, Cd, is constant over range of Reynold's numbers.

Path angle = Thrust angle.

Main engines are throttlable without affecting performance.

(6.2)
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Although thehop is localcomparedto theglobal scaleof theaerocaptureandMarsentry

phases,globalcoordinatesareusedin all regimesin order to facilitate a single simulation program.

The equations of motion iq that coordinate system are as follows:

dl"
= v sin y (6.3)

dt

dO v
=- cos ?' (6.4)

dt r

dv T- D
-- =-g sin y +_ (6.5)
dt m

-- - g cos y +

d_____y= r

dt v
(6.6)

where the lift and drag forces are given by the following relations:

L= CIA q (6.7)

D=CdAq

1 v 2
q=_P

where r = Radius from Mars center

v = Velocity

t = T'tme

g = Variable Mars gravity

y = Angle of velocity above horizontal

0 = Angle around Mars from reference Meridian

L =Lift

A = Area

and D = Drag

(6.8)

(6.9)

6.13



Theseequationscanbeenteredinto a mathematicalanalysisprogramsuchasMATLAB,

anda sirnulationcanbe run to numerically integrate the above equations with sufficiently small

time steps to obtain results accurate to within 1%.

6.5 BALLISTIC HOP
(Chris Willman)

Hopping from point to point on the surface of Mars has two distinct advantages over

standard rover exploration. First, various obstacles such as ravines or boulders are easily avoided.

Second, a hop take-off can easily be extended to become an Earth return take-off, given a large

enough propellant capacity. The MLVH does not have sufficient propellant to return to Earth, but

the mission will demonstrate the technology that makes it possible in the future.

The MLVH has a dry mass of 450 kg, and has 131 kg of fuel. This results in a mass ratio

of 1.29, giving a total AV of 866 m/s. This AV gives a theoretical range of 50 km. Unfortunately

there is an atmosphere to deal with, as well as gravity losses and a safety margin to make sure there

is extra propellant in case of unexpected surface features at the landing site or variations in the

density of the atmosphere. Thus the analysis that follows is for a 32 km hop, with 10% left over

for safety. The trajectory of the hop is shown in Fig. 6.7. Even though the atmosphere of Mars

is very tenuous, there is a noticeable effect of drag during the second half of the flight, seen in the

asymmetry of the flight path.

The hop is divided into three phases. The first is the gravity turn thrust ascent, during

which the main engines give the MLVH the required AV, and the path angle is regulated by the

control thrusters if necessary. The second phase is the ballistic flight, during which the main

engines are off, but the control thrusters must turn the MLVH around in preparation for landing.

The third phase is the thrust descent, during which the main engines burn to slow the vehicle and
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thensoft-land on the surface,againwith control thrustersworking as necessaryto correct the

heading.

6.5.1 Thrust Ascent

(Chris Willman)

Two types of losses affect the performance of a hop during this phase. They are gravity

losses and drag losses. Gravity losses come from longer times of thrust, while drag losses come

from higher velocities in higher densities. These two conditions conflict directly, and there is an

optimum compromise solution. Although that optimum is undetermined, Project Genesis errs on

the side of higher thrust to weight capacity. Also, it is a distinct advantage t\_r the mission to have

the ability to lose one or two of the four main engines while still having the ability to take off and

land, thus completing its mission as a technology demonstrator.

The optimum trajectory with an impulsive AV and no drag is to take off at a 45 ° from the

horizon. In reality this is not advisable because the burn time is finite, so the flight angle is

decreased by the force of gravity. Another problem is that the main engines are at 90* to the

surface at take off, so the flight path must initially also be at 90 °. Thus, gravity turning is used,

launching at near 90 °, and ending at near 45*. This gravity turn is path dependent, so it must either

be actively controlled in real-time or it must be carefully calculated and catalogued beforehand.

For our hop, the time of thrust during take-off is about 26 seconds, so the gravity loss is

-70 m/s, which is more than 8.4% of the total hop AV.

6.5.2 Ballistic Flight
(Chris Willman)

For longer flights, one could assume that the upper portion of the flight takes place in a

negligible drag environment. But our hop is short enough that the dynamic pressure at the peak
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altitudeisstill 156N/m2,comparedto thennaximumof 798 N/mL For a completehistoryof the

dynamicpressure,seeFig. 6.7. Drag in this regioncansignificantly reducetherangeof thehop.

Of course,the rangeis not so importantasthe demonstrationof thetechnology,but keepingthe

rangeascloseto thetheoreticalvalueaspossiblewould requireoccasionalburnsof eitherthemain

enginesor thecontrolthrusters.

During theapproximately2.5minutesof ballistic flight, thecontrol thrustermustturn the

MLVH aroundin order to switch from ascentthrusting to descentthrusting. Dependingon the

flight characteristicsof theMLVH atangleof attack,theMLVH mayequilibrateautomaticallyto

facein thedirectionof theflight path. This couldvarythe requiredturninganglefrom aslittle as

90*or 100° to asmuchas 180".Thus,a minimumturning rateof 1.2°Isis required.Gyroscopes

cannothandlemorethan8°/sec,soa maximumof 5*/saverageis usedduring rotation,with the

acceleration/decelerationportionsof theturn included. Thetotal timefor theturn is nomorethan

36s outof the 148s of ballisticflight.

6.5.3 Thrust Descent
(ChrisWillman)

Thrust descentis similar in theory to thethrustascent,exceptfor two major differences.

First, drag helpsdecreasethevelocity during descent,where it fought the increaseof velocity

during ascent. Second,the boundaryconditionsof final velocity andaltitudeequalingzeroare

basedon pathdependentproperties,andmust beeithercontrolledin real time usingthrottling or

pulsingof themainengines,ormustbepredictedaccuratelyin advance.

To illustratethedifferencebetweenascentanddescentthrusting,it isusefulto comparethe

AVs. Whenthe ascentAV is 644m/s, the descentAV is 222m/s. This is almostathree-to-one

ratio,demonstratingthatthecontributiondueto dragis significant.
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6.6 CONCLUSION
(MattHedman,ChrisWilhnan)

After analyzingall 5 launchsystems,theProtonis theobviouschoicefor ProjectGenesis

becauseof its low cost and high performancecapability. However,politics probably will not

allow ProjectGenesisto usea Proton. The highercostof the Atlas IIA and Atlas IIAS rockets

over the Atlas II do not justify their increasedperformancecapabilities. Therefore,a choice

betweenthe Atlas II and the Delta 7925 is required. The Atlas II hasa higher performance

capabilitythantheDelta7925. However,theDeltais cheaperandhasahigherlaunchsuccessrate

thantheAtlas1I. Thesetwo advantagesof theDelta7925outweighedits lower payloadcapacity.

Therefore,the MLVH is designedto be launchedonboardthe threestageDelta 7925 with the

10ft. (3.0 m) payload fairing.

From Earth launch to Mars capture,to attitude control, to ballistic hopping, all of the

missionAVs arewell achievable.Usinganaerocapturewhich takesanequivalentboosterAV of

1390m/s, the the total Mars captureAV is reducedfrom 1430m/s to 40 m/s. The MLVH is

capableof makinga soft landingonMarswith aAV of only 55m/s. In situ propellants are used

to perform a ballistic hop of 32 km, which is more than 10 times the distance to the local horizon.

When considering this mission, it should be kept in mind that the range of the hop is not as

important as the fact that a hop is occurring. Many of the potential problems, such as hydrogen

boil-off which limits the amount of propellant available, or engine failure which limits the thrust to

weight ratio and increases gravity losses, merely decrease the range of a hop which would already

be the longest hop ever made on Mars.
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NOMENCLATURE

Ax

G

G

AV

D

7

g

h

no

L

M

MLVH

PPP

0

q

P

Po

F

RTPV

t

v

Cross-sectional area

Ballistic coefficient

Drag coefficient

Lift coefficient

Change in velocity

Drag

Angle of velocity above horizontal

Variable Mars gravity

Altitude

Atmospheric scale height

Lift

Mass

Mars landing vehicle and hopper

Propellant production plant

Angle around Mars from reference Meridian

Dynamic pressure

Atmospheric density

Atmospheric density at zero altitude

Radius from Mars center

Radioisotope thermophotovoltaic power source

Time

Velocity
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Fig. 6.5 Orbit scenario (not to scale)
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7.1 INTRODUCTION
(Matt Hedman)

One of the goals of Project Genesis is to provide an ISRU demonstrat, r mission that has a

total cost similar to or lower than that of a Discovery Class mission. This goal is accomplished by

using off-the-shelf technology whenever possible and eliminating any unnecessary, costly items.

The cost analysis of Project Genesis is performed by obtaining price estimates of all hardware

items of the mission. This list includes the launch vehicle, aerobrake, and all other hardware

components of the Mars Landing Vehicle and Hopper (MLVH). The cost of the hardware is

further subdivided into the cost of research and development (R&D) and procurement cost for each

item. This chapter is ordered to show how the individual item costs are determined.

7.2 LAUNCH SYSTEM

(Matt Hedman)

Five different launch systems are considered to launch Project Genesis as described in

Chapter 6. The systems considered are the Proton, Atlas II, Atlas IIA, Atlas IIAS, and

Delta 79251 Although payload capacity and launch reliability are also determining factors, price is

a major consideration due to the low budget goals of Project Genesis. Table 7.1 lists the prices of

the five launch systems that were considered [1,2].

Table 7.1. Launch system prices.

ii i1

Launch Vehicle Price (Millions of 1994 Dollars)

Proton 35

Atlas [I 80

Atlas RA 90

Arias IIAS 120

Delta 7925 50
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Although the Protonhasthe lowestestimatedcost, politics probably will not allow a

Protonto beused.Therefore,the MLVH is notdesignedto requirea Proton. Of the remaining

vehicles,theDelta7925hasthelowestcost. Its low price playeda largerole in it beingselected

asthelaunchvehiclefor ProjectGenesis.TheDelta7925is aproductcurrently manufacturedby

the McDonnell Douglas companyin Huntington Beach,CA. Thereare no R&D costs. Its

procurementcostis $50million [1,2].

7.3 HARDWARE

(Matt Hedman)

The cost analysis of all mission hardware items is analyzed in the following sections. This

list includes all MLVH components, the aerobrake, and the parachute.

7.3.1 Propellant Production Plant
(Matt Hedman)

The Propellant Production Plant (PPP) is comprised of several components. The filters,

compressor, Sabatier reactor, condenser, liquefaction system, and refrigeration system combine to

form the PPP. The R&D and procurement costs of each component are listed in Table 7.2 [3,4,5].

Most of the system technology has already been developed which makes the total price

lower than if every component needed further R&D. The filters, Sabatier reactor, condenser,

electrolyzer, and refrigerator are all off-the-shelf technology. However, there are significant R&D

costs for the compressor and liquefaction systems. Although the components of the liquefaction

system are off-the-shelf technology, there will be development costs associated with putting the

system together as well as optimizing its performance. Both R&D and procurement costs combine

to make the total price of the PPP $9.5 million.
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Table7.2 PPPCosLs(Millions of Dollars).

Components

Researchand

DevelopmentCosts ProcurementCost

Filters 0 0.002

Compressor 5 I

SabatierReactor 0 0.015

Condenser 0 0.001

Electrolyzer 0 0.015

LiquefactionSystem 2.5 0.5

Refrigerator 0 0.5

TOTALS* 7.5 2.0
*Totalsareto thenearest$0.5million.

7.3.2 Engines
(JasonAndrews)

A methane/liquidoxygenenginethatmeetstheperformancerequirementsfor theMLVH is

not commerciallyavailableyet. To gaugethecostof developmentof this engine,theestimates

given by DianeLinne at NASA Lewis ResearchCenterfor developinga similar 1000lb. thrust

carbon monoxide ISRU engine are used. Further estimates were supplied by Pratt & Witney

aircraft. The research and development cost decreases greatly if the rocket engine's thrust is less

than 1000 lb. This is mainly due to the size of the personnel and facilities required to test and flight

qualify the engine. Aan intermediate estimate of $15 million was chosen for the R&D necessary to

develop such an engine [6]. However, due to the potential future applications of a flight qualified

Mars ISRU methane/oxygen engine, it is possible that the development Cost of $15 million may be

split between NASA and the engine manufacturers. Another $1 million will be required to

purchase the engines [6].
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7.3.3 Power

(Jason Andrews, Matt Hedman)

The radioisotope thermophotovoltaic (RTPV) power source used onboard the MLVH is

currently being developed at the Boeing Power Systems Division in Seattle, WA. The total R&D

costs required to finish the development of a space qualified RTPV is expected to be approximately

$35 million [7]. The R.TPV was under development for the planned Pluto Fast Flyby mission.

The purchase cost of the RTPV is broken down as follows. Each fuel brick that produces

51.5 We will cost approximately $1 million [7]. To meet the requirement of 464 We needed for

the MLVH, nine bricks are needed. The procurement cost of the total RTPV package includes

80% of the total cost allocated for the fuel bricks and 20% of the total cost for miscellaneous

materials such as radiators. Therefore, nine fuel bricks will cost $9 million, and another

$2.3 million will be spent on miscellaneous materials giving a total procurement cost of

$11.3 million. With the R&D cost of $35 million, the total cost of the power system will be

approximately $46.3 million.

7.3.4 Structure

(Matt Hedman)

The 90 kg structure of the MLVH includes the aluminum-lithium 2090 tubing, forged

nodes, tank support struts, and equipment connection clamps. The cost of the tubing, forged

nodes, and tank supports is $85 per kilogram [8]. However, to account for the specialized

equipment connection clamps, the average cost of the total structure is increased to $400 per

kilogram. Since the mass of the structure is 90 kg, the cost of the manufactured materials are

approximately $36,000.

Extra cost is associated with the frame assembly and equipment attachment. The tubes are

connected with forged nodes and attached by electromagnetic forming. Even though the

connection process is quite simple to do, the frame assembly cost is not trivial because skilled labor

is always expensive. Furthermore, equipment attachment is more complicated than the
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electromagneticformingof thefi'ame.$450,000isestimatedfor thecostof laborfor assemblyand

attachment.Therefore,thetotalcostof thestructureincludingmaterialsandlaboris approximately

$486,000.

7.3.5 Tanks
(MattHedman)

The four propellant tanks and seedhydrogen tank are designedto be made out of

Weldalite049. The procurementcost for eachtank is approximately$3000[9]. Therefore,the

total procurementcostof thefive tanksis $15,000. However,the largestcostof thetankslies in

R&D. Each tank costs approximately $50,000 to qualify [9]. Total R&D fo/" the tanks is

$250,000,makingthetotal costof thetanks$265,000.

7.3.6 Aerobrake
(MattHedman)

The aerobrakeusedfor ProjectGenesisis a symmetric,nonlifting type similar to those

usedby theViking missions. Thesimplicity of thesymmetricaerobrakeallows it to becheaper

thanamodelthatneedsmoreR&D, suchasarakedsphere-cone.It is estimatedthat$7.5million

for furtherR&D of thesymmetricaerobrakewill be required,alongwith a procurementcost of

approximately$3million [10]. Thetotalcostof theaerobrakeis thus$10.5million.

7.3.7 Parachute
(Matt Hedman)

The parachute is more expensive than a conventional Earth parachute because it is designed

to withstand supersonic speeds and the extraterrestrial environment. The price includes the cost of

fabric, suspension lines, pyrotechnic bolts, etc. The total procurement cost of the parachute is

$500,000 [1 I]. No R&D costs are required.
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7.3.8 Communications

(Jason Andrews)

The communications equipment uses off-the-shelf technology. Motorola can supply the

communications transponder, filters, and cable at a total purchase price of $1 million [12]. The

communications antenna is incorporated into the science package such that it is a dual mode

system, employed by both the GPR and the communications package. The antenna itself costs

$25,000 for development and construction [13]. An additional $5,000 is required for the

mounting structure and drive motors.

7.3.9 Avionics

(Jason Andrews)

The avionics and computer package required for Project Genesis is an off-the-shelf system.

The computers, inertial navigation system, and Multiplexer/DeMultiplexer (MDM) is mad e by

Honeywell and capable of being integrated using a workstation computer. The general system

mimics the MacDonell Douglas DC-X. Conversations with Mitchel Clapp of the Air Force

indicated that the system integration cost would be $200,000. The landing radar and Ground

Penetrating Radar (GPR) does not currently exist and must be developed. The cost of developing

such a system was obtained from a Boeing Company proposal for the Common Lunar Lander

[ 14]. In their report, Boeing chose Lawrence Livermore Labs to do the research and development

for $5 million with an additional $1.5 million to purchase the flight hardware. The total price of

each component of the avionics system is listed in Table 7.3.

7.3.10 Reaction Control System
(Matt Hedman)

The MLVH has an off-the-shelf reaction control system (RCS) that uses monopropellant

hydrazine. The system is made by Olin Aerospace in Richmond, WA. Since no R&D costs are

required, the system is cheaper than designing a new system that would use methane and oxygen
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as propellants.

rcs [_51.

Table 7.4 lists the individual procurement costs of each component of the

Table 7.3. Avionics procurement costs.

Component Manufacturer

Procurement Cost

(Millions of $)

Laser Inertial Navigation System

UV-Vis Camera and Startrackers

Multiplexer/DeMultiplexer

Data Storage (FDR-8200)

Instrumentation/Tracking

Mounting Brackets/Wiring/Integration

TOTAL

Honeywell 0.275

Department of Defense 1.0

Honeywell 0.45

Amptek 0.1

Livermore Labs 6.5

N/A 0.4

8.7

Table 7.4. Component procurement costs of the RCS.

Component Procurement Cost (Millions of Dollars)

16 Thrusters

Hydrazine tank

Tubing, valves, etc.

TOTAL*

0.64

0.13

0.25

1.0

*Total is rounded to the nearest $0.1 million.
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7.3.11 Science Equipment
(Matt Hedman)

The science equipment costs a total of $7.5 million.

the scientific packages are listed in Table 7.5 [16, 17,18].

Table 7.5. Science costs

The R&D and procurement costs of

R&D Cost Procurement cost

Component (Millions of Dollars) (Millions of Dollars)

Magnetic Resonance 0.5 0.5

Spectrometer

Alpha Proton X-ray 0 3.5

Spectrometer

Remote Manipulator Arm 1.2 0.4

Atmospheric Science Package 0 1.36

TOTAL 1.7 5.8

7.4 TOTAL MISSION COST

(Matt Hedman)

A summary of the costs for the individual MLVH systems is listed below in Table 7.6. In

order to compare the cost of Project Genesis to the cost of a Discovery Class mission, the launch

system cost is not included in this table. A total system integration and cost growth factor of 20%

was included [19]. This figure takes into account the total cost of system integration and testing as

well as any unforseen mission costs.

The R&D and procurement costs of the mission without the launch system are $95 million.

Since the maximum cost of a Discovery class mission is $150 million, Project Genesis is well

within these restrictions. The cost of the Delta 7925 launch system is $50 million, making the

total mission cost with launch system $145 million.
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Table7.6 Missioncosts(Millions of Dollars).

Subsystem R&D* Procurement cost*

PPP 8.0 2.0

Power 35 12

Engines 15 !.0

Structure 0 0.5

Tanks 0 0.3

Aerobrake 7.5 3

Parachute 0 0.5

Communications 0 1.0

Avionics 0 10

Reaction Control System 0 1.2

Science 2 6

System Integration/Growth (20%) N/A 10.0

TOTALS** 67.5 47.5
, ,,,,

*Rounded to the newest $0.1 million.

**Totals rounded to the nearest $0.5 million.

7.5 CONCLUSION

(Matt Hedman)

One of the primary goals of Project Genesis is to provide a mission that has a total mission

cost similar to a Discovery Class mission. A Discovery Class mission must be under $150 million

(not including the launch vehicle) and must focus on science. The total mission cost of Project

Genesis without the launch vehicle cost is $95 million which is well under the limit for a Discovery

Class mission. Project Genesis differs from a Discovery Class mission in that it focuses on

technology demonstration rather than science, although it does carry a surface and atmospheric
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sciencepackage. However,thepossiblefuture scientific benefitsarestaggering. SinceProject

Genesisis a precursorto morecost-effectivemannedandunmannedMars missionsusingISRU,

thefuture scientific achievementsmadepossibleby ISRUtechnologyeasilyjustifies thec_stof

this mission.
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NOMENCLATURE

GPR

ISRU

MDM

MLVH

NASA

PPP

R&D

RCS

RTPV

UV-Vis

Ground penetrating radar

In situ resource utilization

Multiplexer/DeMultiplexer

Mars landing vehicle and hopper

National Aeronautics and Space Administration

Propellant production plant

Research and development

Reaction control system

Radioisotope thermophotovoltaic power source

Ultraviolet visual camera
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8.0 CONCLUSIONS

(Dan Pasco)

The human race is destined to expand beyond the bound0xies of this world. As our

forebears expanded and pioneered, so shall we; by living off what our environment provides. In

situ resource utilization offers a cheap, reliable source of power and fuel that is indispensable in

planetary exploration in the years to come. This technology is not simply a possible choice for

space missions to come - it is a necessary one.

Project Minerva, presented by the 1992 University of Washington NASA/USRA design

team, is a fully developed, manned ISRU mission to Mars. The proposal called for a series of

manned expedition to Mars. The propellant for the Earth return voyages would be produced

from carbon dioxide in the Martian atmosphere and a small supply of liquid hydrogen brought to

Mars from Earth.

Project Hyreus, which was developed the following year at the University of Washington,

represented a Minerva precursor. The Hyreus mission included a Mars-orbiting satellite and a

large rover. As a sample return mission, Hyreus delivers approximately 27 kg of Martian

material to Earth, representing a two order of magnitude increase over many other sample return

missions currently being evaluated. Such an increase is possible due to ISRU.

Project Genesis, as implied by its name, represents the beginning of this series of Mars

missions. It is a necessary first step, the physical proof that propellants can be produced on

another planet using the resources provided by that environment. Such a proof is necessary in

order to show that missions such as Hyreus, Minerva, and others can and will succeed.

Genesis utilizes the resources of Mars with maximum efficiency for the technology

available at this time. Although this mission has been presented with methane and oxygen as the

desired propellant combination, it has been developed with the understanding that the best
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possiblepropellantproductionschemewould be used. Other architectures,including (but not

limited to) the usageof carbonmonoxidewerecarefully consideredbet'oremoving on to the

mission presentedhere. The findings of this study indicate that although carbon monoxide

productionmayperhapsbethechoiceof the future, the level of technologyrequiredfor sucha

missionis beyondthecapabilitiesof industryat present.

Theproblemsassociatedwith usingmethaneandoxygen,namelytheneedfor anoxygen

supply greater that provided by the Sabatier-electrolyzerplant, have been dealt with by

examiningthepossibilitiesinherentin fuel-richcombustion.Thisresearchhasprovidedauseful

andrationalalternativethateliminatestheimmediateneedfor improvedtechnologyby Utilizing

thepropellantsin theoxygen-to-fuelmassratio providedby thepropellantproductionplant.

Genesisliterally offers a newlook at Mars, with its imagingequipmentanda ground

penetratingradar. It alsooffers a newlook at thefundamentalelementsof ourspacemissions,

andprovidesthedemonstrationof technologyweneedto continueout into thesolarsystem.
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A.I INTRODUCTION
(Jason Andrews, Scott Anderson)

An alternative to using methane and oxygen as a source of rocket propellant on Mars is

the use of carbon monoxide and oxygen. Carbon monoxide and oxygen are readily available

from the Martian atmosphere through either thermal dissociation of, or Chemical extraction from,

the indigenous carbon dioxide. The advantages of carbon monoxide over methane stem from the

fact that seed hydrogen, crucial for the methane scenario, plays either a superficial role or is not

at all required in the production of carbon monoxide. By using carbon monoxide, the propellant

production plant could theoretically operate indefinitely, continuously drawing upon the Martian

atmosphere as a source of carbon dioxide.

This section focuses on the operating principles and problems of the various methods of

carbon monoxide production. The specific propellant production components (e.g., water

electrolyzers, compressors, refrigeration) and the respective operating principles are not

discussed. The analysis focuses on two different techniques: the Reverse Water Gas Shift

reaction and the Zirconia Electrolyzer.

A.2 REVERSE WATER GAS SHIFT REACTOR (RWGS)
(Jason Andrews, Scott Anderson)

A Reverse water gas shift reactor combines carbon dioxide and hydrogen to form carbon

monoxide and water:

CO2 + H2 --_ CO + H20 All = 35.6 J/kg

A schematic of a carbon monoxide plant using at reverse water gas shift reactor is presented in

Fig. A.I. One problem with this reaction is that it is endothermic, meaning that energy is

required to drive the reaction to the right and form carbon monoxide and water. The second
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major problemis that thereactionis not complete. In otherwords,all of thecarbondioxide and

hydrogendo notreact. Significantresidualamountsof eachgasarepresentin theexhaustgases

containingtheproductsandtheyhaveto beseparatedlater,usingcomplicatedtechniques.

Therearecurrently noReverseWater GasShift reactorsavailableon themarket. There

are a few small prototypereactorsbeing developedaround the country and funded through

researchor university funds. These reactorsare test models only and exist strictly in the

scientific realm. The reactorscurrently understudyoperatewith a small equilibrium reaction

coordinate. The equilibrium reaction coordinate, also known as the degreeof reaction,

determineswhatpercentageof thereactantsreactto form products.PreviouslydesignedRWGS

reactorshaveequilibrium reactioncoordinatesof 0.1, indicating that only 10%of the reactants

areactuallycombining to form products. For our designrequirement,anequilibrium reaction

coordinateof 0.1 createsproblemswhenconsideringthat thefew productsthat do form haveto

beseparatedfrom theleftoverreactants.Many of theseseparationprocessesareverydifficult to

control and theaddedcomplexity ofsuch a systemmakesall of the currentprototypedesigns

undesirable.

The key to operating a RWGS reactor is to control ee, the equilibrium reaction

coordinate. The reaction coordinate, also known as the degree of reaction, characterizes the

extent or degree to which a reaction has taken place. By definition, e e is zero for the initial state

of the system prior to reaction [1]. A value for Ee of 0.5 means that 50% of the reactants have

reacted to form product. Therefore, values of e e approaching 1.0 are ideal. To optimize the

reaction coordinate, ways of controlling the reaction through the use of pressure and temperature

are examined.

For pressure to drive a reaction, the number of moles produced by a reaction must be

different from the number of moles which reacted. For the reverse water gas shift reaction, the

number of moles that react equals the number of moles of product. Thus, for this reaction,

pressure has no effect on the equilibrium of the reaction.
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Temperaturecontrolsthereactionbecausethe RWGSis endothermic,i.e., it requireslaeat

to run it in the desireddirection. By increasingthe temperature,the reactionis driven to the

right. The effect of temperatureon the equilibrium constantis determinedby the sign of AH,

where AH is the heat of reaction. When the heat of reaction is positive, the reaction is

endothermicandan increasein temperatureresultsin anincreasein theequilibriumconstant.

The equilibrium constant,K, is directly related to the operationaltemperatureby the

following equation:

-,InK=.-R-_+AAInT+ T+--T2 + I2T 2 (A.l)

where:

J and I = integration constants

R = the universal gas constant

T = the temperature of the reaction

A = value for CO plus value for H20 minus the values for CO/and H2

The remaining values depend on the heat capacity relations for each product and reactant.

Each variation of A can be characterized by the relationship given below:

6 = co + H20 - C02 - t12 (A.2)

From the heat capacity data, the values of A, B, C, and D can be determined for each constituent

gas, and thus each value of A. The integration constants are solved for by knowing the heat of

formation and Gibbs energy of formation for each of the gases at a certain temperature. The

relation looks like the following equation after inserting all of these values back into Eq. A. 1:

InK - -5872.17 1.861nT + 2.7xlO-4T + 5820_____0+ 21.465 (A.3)
T 2T
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TableA. ! below lists theequilibriumconstantasa function of theoperatingtemperatureof the

reactor.A graphicalrepresentationof theseresultscanbefound in Fig. A.2.

Fora reactionthat beginswith no productpresent,theequilibrium reactioncoordinateis

relatedto theequilibrium constantby thefollowing equation:

ee - 1 + -,/-K (A.4)

where: ee = equilibrium reaction coordinate

K = equilibrium constant

Table A. 1 Equilibrium constant and equilibrium reaction coordinate
as a function of operating temperature.

Operating Temperature Equilibrium Constant, Equilibrium Reaction Coordinate,

(K) K Ee

200 0.0000 0.00

300 0.0003 0.02

400 0.0205 0.13
500 0.2298 0.32

600 1.109 0.51

700 3.316 0.65

800 7.377 0.73

900 13.50 0.79

1000 21.59 0.82

1100 31.37 0.85
1200 42.45 0.87

1300 54.43 0.88

1400 66.95 0.89

The equilibrium constant is in turn directly related to the operating temperature as

discussed above. Table A.1 and Fig. A.3 depict the relationship between the equilibrium

reaction coordinate and the operating temperature.

From Fig. A.2, it is evident that the performance of a RWGS reactor improves

dramatically as the temperature increases to 600 K. Above 600 K, the yield increases further but
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at aslower rateandthe designu'adeoft_becomeissuesovermaterialsand powerrequirements

versusproductoutput.

Forthe reactor,a designoperatingtemperatureof 900 K ischosen. Working with thisas

a designrequirementtheequilibrium reactioncoordinateis0.79,whichmeansthatnearly80%of

the reactantscombineto form products.The operatingtemperatureof 900 K is chosenbecause

of concernsregardingtheseparationof residualhydrogenfrom the unreactedandreactedgases.

Therehasbeenagooddealof researchdoneon theseparationof carbonmonoxidefrom carbon

dioxide. The process,although difficult, is a workable method of separating the carbon

monoxide from the product and reactantgas mixture and is discussedlater. It was also

determinedthat the condensationof water out of the exhaustgasesis not a difficult task.

However,becausetheRWGSis critically dependentoncompleterecyclingof theseedhydrogen,

ahighequilibriumreactioncoordinateis chosento ensurethatasmuchH2reactsaspossible.To

further improvetheamountof reactinghydrogen,theamountof carbonmonoxidein thereactor

is increasedby afactorof four. Thechemicalequationnow readsasfollows:

4CO2+ H2 4-_ 3CO2 + CO + H20

At 900 K this reaction has an equilibrium reaction coordinate of 0.9722 meaning that all but

2.88% of the hydrogen reacts. At this point we have to note that the analysis assumes ideal

conditions and does not take into effect mixing conditions.

To further increase the operating efficiency of the RWGS, the reaction can be performed

in the presence of a catalyst. The ca/alyst used for the RWGS is the same as those used in

industry for high temperature water gas shift reactors [2]. Two types of catalysts, used as part of

an ammonia production plant, are iron-oxide and a chromia-promoted iron oxide [3]. Other

catalysts that have shown promise are copper-zinc and cobalt-molybdenum [4]. However, there

are problems associated with the use of a catalyst. Carbon deposition is the most likely cause Of

catalyst deactivation. To avoid this problem, the RWGS should be operated with high H2/CO or
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H20/CO ratio a,ld at high operational temperatures. Performance analysis has not been

conducted to determine the effect of a catalyst on the RWGS reaction.

A reactor temperature of 900 K requires a large amount of energy to maintain the

equilibrium reaction temperature in the Mars environment. To provide this energy, primary heat

from the radioisotope heaters is recycled using heat pipes filled with liquid sodium. Sodium was

chosen over other liquid metals because of its higher heat capacity to density ratio [2]. Carbon

fiber tubing passes through the inner shell of the radioisotope heaters where the liquid sodium is

superheated by the 1200 K environment inside the radioisotope heaters. The carbon tubing

transfers the superheated sodium to titanium tubing as it exits the radioisotope heaters and then

wraps around the inner core of the chemical reactor. The heat is transferred to the reactor core

through conduction. To further increase heat transfer, the carbon dioxide is allowed to pass over

the titanium tubing before it enters the reactor chamber. To determine the amount of heat

required, a heat transfer analysis was performed for the RWGS reactor.

The endothermic heat of reaction was calculated to be 775 kJ/kg at 900 K. The mass

flow of the products is 0.1042 g/sec. Using this value, the total heat required for thermal

equilibrium is calculated as 80.7 Wth. The reactor itself is insulated with MLI such that the

radiation loss to the Martian atmosphere is 120 Wth, for a total steady state reactor energy

requirement of 200 Wth supplied by RTPV heat.

A.3 ZIRCONIA ELECTROLYZER
(Scott Anderson, Jason Andrews)

An alternative to the reverse water gas shift reaction for producing carbon monoxide and

oxygen from carbon dioxide taken from the Martian atmosphere is the zirconia electrolyzer. A

significant amount of research has been conducted on the possibility of using zirconia

electrolyzers as a means of in situ propellant production[3,4]. In a zirconia electrolyzer, carbon
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dioxide iselectrolytically dissociatedathigh temperaturesinto carbonmonoxideandoxygenby

thefollowing reaction:

2C02 _ CO + 02

A schematic of a zirconia electrolyzer cell is presented in Fig. A.4. The oxygen is

separated from the carbon monoxide and carbon dioxide by a zirconia (Z_O2) membrane, which

selectively transports oxygen when a voltage is applied across it. The solid zirconia electrolyte

has the ability to conduct electricity by ionic rather than electronic conduction. In this process

molecular oxygen at the cathode is reduced to atomic oxygen ions which migrate to the anode,

where the ions surrender electrons and reform molecular oxygen. The oxygen separated by the

zirconia electrolyzer is essentially pure and can be liquefied and stored. Due to inefficiencies,

the exhaust flow from the zirconia electrolyzer contains both carbon monoxide and carbon

dioxide. The carbon monoxide can be separated from the carbon dioxide through the use of

catalyst beds as described in Section A.6.

The carbon dioxide must enter the zirconia electrolyzer at very high temperatures, in the

range of 1070 to 1270 K. The operation must occur at these temperatures so that the carbon

dioxide will dissociate. The carbon dioxide can be raised to these high temperatures with

electrical heating of the flow. This procedure requires a fairly sizable power requirement. For

the process to work well, the zirconia membrane has to operate at high voltage. The surface area

of the membrane is prohibitively large unless high current densities are used. The need for high

voltages and large current densities translates to large power requirements. Thus, to operate a

zirconia electrolyzer, a lot of power is required to limit membrane size and ensure adequate

oxygen separation. However, if the power supplied to the zirconia electrolyzer is great enough,

the increased oxygen output could create a high enough pressure in the system to eliminate the

need for the oxygen compressor currently required for oxygen storage.
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A seriousproblemwith zirconiaelecu'olyzersis thepossibility of failure. Thestressesof

Earth launch, Mars aerobraking,and landing on Mars could very well createcracks in the

ceramic componentsor seals, causing leaks that would lead to oxygen contaminationand

potentialmissionfailure. Theelectrolyzersealsandelectrodesmustbeableto hold up reliably

at high temperaturesover prolongedusage. This hasbeena problem in past experimenral

effl_rts[4]. The systemcould also fail electrically due to a short acrossa membrane. If the

individual membranesarein series,a short in onewould causethewhole systemto shutdown.

To designaroundthis problem,eachmembranecould be individually electrically controlled.

However, this would add considerablecomplexity to the computercontrol systemand would

requiremorepower. Furthermore,if a shut-downoccursduring regularoperation,the system

mustbe restartedandproblemsoccur if thecomponentsdo not stay matchedto their pre-shut

downconfiguration.

A.4 GLOW DISCHARGE

(Jason Andrews)

The glow discharge propellant production plant is a variation of the zirconia

electrolyzer[4]. Glow discharge relies on the electrolytic dissociation of carbon dioxide into

oxygen and carbon monoxide as in the zirconia electrolyzer. A glow discharge is used to cause

this dissociation. It occurs just before the electrode membrane. A fundamental difference

between the two systems is the use of silver electrode membranes instead of platinum. Silver

electrode membranes operate at lower temperatures and are more permeable to oxygen ions,

making the glow discharge more efficient than the electrolyzer[4].

Using the glow discharge method of oxygen separation, the operating temperature is

lowered from 1000 K to 500-800 K. Experiments have shown that when silver membranes are

used for the electrode interface anodes for both glow discharge and oxygen separation, oxygen

yields are comparable to the permeation rates of pure oxygen[4]. As a result, the use of silver
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nlembranes enhances the output capabilities of the zirconia electrolyzer but does not address or

solve the inherent problems associated with its fragility. The use of glow discharge increases the

operating efficiency of the zirconia electrolyzer from 15% to 75%[5].

A.5 ZIRCONIA ELECTROLYZER PLANT DESIGN

(Jason Andrews)

To optimize the output of the zirconia electrolyzer, silver membranes are used to augment

the throughput capabilities of the zirconia membrane. Using the glow discharge technique the

operating temperature of the electrolyzer is 550 K and plant efficiency is increased to 75%. The

zirconia/glow discharge propellant unit requires 176 We per kilogram of 02 produced per day, in

addition to the necessary heating. A schematic of the zirconia electrolyzer plant design can be

seen in Fig. A.5.

The actual propellant plant compresses Martian atmospheric carbon dioxide to four times

ambient pressure before passing it through a series of heat pipes inside the RTPV. The heat

pipes are responsible for heating the carbon dioxide from 335 K up to 600 K before it passes into

the zirconia/glow discharge propellant production unit. The dissociated pure oxygen is liquefied

and cooled using the same techniques discussed in Chapter 2 of this report.

A.6 CARBON MONOXIDE SEPARATION

(Jason Andrews)

Both reactor designs require a separate stage that separates the carbon monoxide from the

carbon dioxide in the exhaust. The exhaust gas consisting of mixed carbon monoxide and carbon

dioxide is passed directly into a series of catalyst beds. The design was taken from Project

Hyreus [6] and uses two catalysts beds. A schematic of the separation beds can be found in

Fig. A.7. One unit operates at 700 K and rejects heat while breaking the CO into C and CO2.
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Theotherbedrequiresheatinput nearlyequalto theheatoutputof thefirst unit. Thesecondunit

gasifiesthedepositedCwhich combineswith CO2to form nearlypureCO.17I TheCO is then

liquefied and stored using the processdescribedin Chapter2 of this report. When a large

amountof carbonhasaccumulatedononecatalystbed,theflow is reversedandtherolesof the

two bedsreverse.

A.7 CONCLUSIONS
(Jason Andrews, Scott Anderson)

The Martian environment is very harsh. With the fragility of the zirconia electrolyzer, the

possibility of failure is very high. For this reason, the zirconia electrolyzer is not our primary

choice for the production of carbon monoxide and oxygen on Mars. However, the depth of

current research being performed on the RWGS makes it an unlikely candidate as well. Our

analysis indicates that both processes are theoretically capable of producing the needed

propellant. However, much further research into the actual developmental status of each

technique is necessary before a practical unit can be developed.
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NOMENCLATURE

E e

AH

I

J

K

R

RTPV

RWGS

T

Equilibrium reaction coordinate

Heat of reaction

Integration constant

Integration constant

Equilibrium constant

Universal gas constant

Radioisotope thermophotovoltaic generator

Reverse water gas shift

Temperature of reaction
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Fig. A.4 Working diagram of oxygen dissociation for a single zirconia electrolyzer cell.
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Fig. A.5 Zirconia electrolyzer propellant plant flow diagram.
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B.1 INTRODUCTION

One of the differences between Project Genesis and other proposed ISRU missions is that

the methane-oxygen rocket motors used by the MLVH operate at an oxygen-to-fuel mass ratio of

2:!, i.e., fuel rich. A large number of questions were raised by the decision to go to this mass

ratio, particularly in terms of sooting and realized thrust. Fortuitously, a small rocket motor had

been developed previously by two University of Washington seniors [1]. Although designed to

operate using methane and air, the engine was easily modified to use methane and oxygen instead.

This appendix presents an overview of the rocket design and the results of the experimentations

with fuel-rich combustion.

B.2 ROCKET CONFIGURATION

Figure B. 1 shows a schematic of the rocket motor as modified by the author, including the

combustion chamber, injector head, and exhaust nozzle assembly. These components are

described below.

Combustion Chamber

The combustion chamber, shown in Fig. B.2, is a 10 in. (25.4 cm) long section of Type

306 stainless steel tube. It has an inner diameter of 1.5 in. (3.81 cm) and an outer diameter of

2.5 in (6.35 cm). Each end of the chamber has a flange with six evenly spaced 0.375 in.

(9.53 mm) diameter holes. The holes are designed to accommodate the bolts used to attach the

injector and nozzle sections of the rocket. A pressure tap is located 1.5 in. (3.81 cm) from the

nozzle end of the chamber. A .55 in. (14 mm) hole, threaded for a standard automobile spark

plug, is located 3.0 in. (7.62 cm) from the injector end. The combustion chamber was originally

intended to operate at pressures up to 250 psig (1.72 MPa). Its robust design results in a very
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largesafetyfactorevenathightemperatures.Forthepresentwork theoperatingpressurewaskept

below200 psig(I.38 MPa).

Gas Handling System

The gas injection and mass-flow regulating system for the experiments is shown in

Fig. B.3. Oxygen and methane are pressure fed from standard commercial gas bottles located

behind a protective wall. The mass flow of each constituent gas into the haixing chamber is

regulated by the feed pressure and a choked metering orifice. Once the sizes of the metering

orifices are fixed, the mass flow into the rocket is governed by the upstream pressure in the feed

lines. By adjusting the pressure regulators, the relative mass flows of methane and oxygen can be

adjusted and controlled as desired. The oxygen and methane pass through 15 ft (460 cm) of

0.375 in. (9.53 mm) copper tubing to the rocket motor. Pressure gauges and one-way check

valves placed upstream of the sonic metering orifices respectively monitor the inlet pressure and

prevent blow back during possible ignition pressure transients.

It was known from previous experience that significant pressure fluctuations, i.e.,

chugging, can occur during ignition. If these pressure fluctuations are great enough, they can

unchoke the metering orifices and alter the fuel-air ratio in the combustion chamber. To circumvent

this problem the pressure upstream of the sonic orifices was set at 250 psig (1.72 MPa), resulting

in a 3.33:1 operational pressure ratio across the orifices. A minimum pressure ratio of slightly

under 2:1 is required to assure sonic flow in the orifices [2].

Exhaust Nozzle

The exhaust nozzle, shown in Fig. B.4, is machined from graphite and is designed to be

easily removable from the stainless steel nozzle block of the rocket. Graphite was chosen because

of its ability to withstand the high heat flux at the throat. The nozzle insert is held in place
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primarily by theinternalpressureof the combustion chamber and is sealed with Permatex Hi-Temp

RTV TM engine manifold sealant. The insert has a throat diameter of 0.125 in (3.175 mm) and an

exit diameter of 0.144 in. (3.66 mm). These dimensions result in an area expansion ratio of 1.32,

which fully expands the products to ambient atmospheric pressure [2].

Gas Injector and Mixer

The gas injectors were designed to regulate the mass flow of the rocket motor and work in

conjunction with the nozzle to maintain a constant combustion chamber pressure during operation.

Methane is injected tangentially to an axial oxygen stream, creating a cyclonic fuel-oxidizer mixture

[3], as depicted in Fig. B.5. The dimensions of the injector head and mixing chamber are shown

in Fig. B.6.

In order to determine the correct diameters for the metering orifices it was necessary to

determine the total mass flow rate, rh, through the rocket motor, which can be calculated using the

following equation [2]:

rh = At Po 7

y+l

(B.I)

where:

and

At = Sonic throat area

Po = Stagnation or chamber pressure

y = Specific heat ratio

R = Universal gas constant

To = Stagnation or chamber temperature

The mass flow through the rocket is governed by the chamber conditions and the throat of the

exhaust nozzle, which has a diameter of 0.125 in. (3.175 mm). The temperature, molecular mass,
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andspecificheatratio of the conlbustionproductswerecalculatedusingCET-89,a combustion

analysisprogramwritten at theNASA LewisResearchCenter[4]. Thesimulationwas runat an

assumedcombustionchamberpressureof 75 psia (517 kPa) anda wide rangeof fuel-oxygen

equivalenceratios,_. Theseal'edefinedbythefollowing equation:

m.,etham.

¢_ = D| oxygen

mmethane

m oxygen

Table B. 1 shows selected results of the calculations for equivalence ratios of 1.0 and 2.0.

A nominal equivalence ratio of 2.0, corresponding to the operating conditions of the Project

Genesis MLVH rocket engines, was selected as the design point. With this mixture ratio and a

combustion pressure of 75 psia (517 kPa) the theoretical combustion temperature is 4359 °F

(2677 K), and the corresponding mass flow through the nozzle is 2.25 g/s. The required mass

flow of methane is 0.75 g/s and the mass flow of oxygen is 1.5 g/s.

Table B. 1 Operating characteristics of the rocket motor.

Chamber temperature
Molecular weight of products

Gas constant of products

Equivalence ratio of 1.0 Equivalence ratio of 2.0
1.19 1.2

3265 2677
21.924 15.879

379 524

The injection system is equipped with removable inlet metering orifices. In the current

design each of the orifices is drilled through a 0.375 in. (9.53 mm) diameter, 0.25 in. (6.35 mm)

thick brass disc which is inserted into the female NPT pipe thread connection in the mixing

chamber, as shown in Fig. B.7. Each disc is held in place by the male connector of the one-way

check valve and an O-ring seal.
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Ignition System

The gas ignition system, shown in Fig. B.8, uses a standard automotive spark plug with

flush elecu'odes to ignite the ga_ mixture. The spark plug is powered by a 6 V battery connected to

a Tesla coil. which boosts the output voltage to ~ 10,000 VAC. The coil is connected to the spark

plug and rocket chamber via an RG-8U high-voltage coaxial cable. The ignition system is

activated by a switch placed between the battery and Tesla coil. Pressing the switch completes the

circuit and triggers a continuous spark at the spark plug. Once ignition occurs, the Sl:/ark plug is

turned off.

B.3 RESULTS

The test engine combustion chamber is equiped with a pressure tap and gauge to measure

the average operating pressure inside the chamber. The combustion chamber pressure, used in

tandem with calculated thermodynamic properties, can be used to calculate the operating

characteristics of the engine. The temperature of the combustion products has not yet been

determined by direct measurements. For future tests a thermocouple probe capable of withstanding

combustion chamber temperatures up to 3000 K will be used. A thrust measuring system is

currently under construction. Until such a time as it is completed, a good estimate of the thrust can

be made from the known and derived chamber conditions, and the nozzle throat diameter and

expansion ratio.

The thrust is determined from the following relation:

T = CFPoAt (a.3)

where:

and

T = Engine thrust

CF = Thrust coefficient
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WhereCF,thethrustcoefficient,is obtainedfi'om [21:

CF _

/

., Ix+l)r

2r' ( ) I} +P:-P. A2,,,,+,, t ,oAt
where: Pe = Nozzle exit pressure

Pa = Ambient pressure

and A2 = Nozzle exit area

(B.4)

Values of CF and the resulting thrust are shown in Table B.2 for measured values of Pc-

Table B.2 Thrust values as a function of chamber pressure.

(psia)
60
70

8O

90

100

110

120

130

140
150

160

170

180

190

Stoichiometric

Thrust

CF (lbf)

1.03 0.76
1.08 0.93

1.11 1.09

1.14 1.26

1.16 1.42

1.18 1.59

1.19 1.75

1.20 1.92
1.22 2.09

1.22 2.25

1.23 2.42

1.24 2.58

1.25 2.75

1.25 2.92

Fuel Rich (O/F=2)
Thrust

CF (Ibf')

1.03 0.75

1.08 0.92

1.11 1.09

1.14 1.25

1.16 1.42

1.18 1.58

1.19 1.75

1.20 1.92

1.22 2.08
1.22 2.25

1.23 2.41

1.24 2.58

1.25 2.74

1.25 2.91

The exhaust velocity, Ve, can be calculated from [2]:

(B.5)
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Theexhaustvelocitycan thenbeusedto calculatethespecific impulse of the rocket, defined as the

exhaust velocity divided by one earth gravity. The calculated specific impulses for the rocket at a

O/F mass ratio of 4:1 appear in Table B.3.

Table B.3. Variation of Isp with chamber pressure at an O/F ratio of 1.0.

Chamberpressure Exhaust veloci_ Isp
(psia) (m/s)" (sec)

60 1912 195.1

70 1914 195.3

80 1917 195.6

90 1920 195.9

lO0 1923 i96.2
110 1925 196.4

120 1927 196.6

130 1929 196.8

140 1931 197.0

150 1933 197.2

160 1934 197.4

170 1936 197.5

180 1937 197.7

190 1938 197.8

.ib
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NOMENCLATURE

P

Ae

At

cf

ISRU

M

rn

MLVH

Pe

Pa

Po

R

T

T

To

Equivalence ratio

Mass density

Specific heat ratio

Nozzle exit area

Sonic throat area

Thrust coefficient

In Situ Resource Utilization

Molecular weight

Mass flow rate

Mars Landing Vehicle/Hopper

Nozzle exit pressure

Ambient pressure

Stagnation or chamber pressure

Universal gas constant

Temperature

Thrust

Stagnation or chamber temperature
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